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Division,  as  D3-7902-2. 

This  technical  report  has  been  reviewed  and  is  approved. 
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ABSTRACT 


The  Load  Alleviation  and  Mode  Stabilization  (LAMS)  program  was  con¬ 
ducted  to  demonstrate  the  capabilities  of  an  advanced  flight  control 
system  (PCS)  to  alleviate  gust  loads  and  control  structural  modes  on  a 
large  flexible  aircraft  using  existing  aerodynamic  control  surfaces  as 
force  producers. 

The  analysis,  design,  and  flight  demonstration  of  the  flight  control 
system  was  directed  toward  three  discrete  flight  conditions  contained  in 
a  hypothetical  mission  profile  of  the  B-52E  test  aircraft.  The  PCS  was 
designed  to  alleviate  structural  loads  whi?e  flying  ttirough  atmospheric 
turbulence. 

The  LAMS-PCS  was  produced  as  hardware  and  installed  on  the  test 
vehicle,  B-52E  AP56-632.  Test  vehicle  modifications  included  the  addition 
of  hydraulically  powered  controls,  a  fly-by-wire  (P3W)  pilot  station, 
associated  electronics  and  analog  computers  at  the  test  engineer's 
stations,  instrumentation  for  system  evaluation,  and  the  LAMS  flight 
controller. 

Plight  demonstration  of  the  LAMS-PCS  was  conducted  to  provide  a  com¬ 
parison  of  analytical  and  experimental  data.  Tiie  results  obtained  showed 
that  the  LAMS-PCS  provided  significant  reduction  in  fatigue  damage  rates. 

In  addition,  a  LAMS  C-5A  study  was  included  in  the  program.  This 
portion  of  the  program  was  to  analytically  demonstrate  that  the  technology 
developed  for  the  B-52  could  be  applied  to  another  aircraft.  The  C-5A 
study  was  conducted  for  one  flight  condition  in  the  C-5A  mission  profile. 
Significant  reductions  in  fatigue  damage  rates  and  fuselage  accelerations 
were  predicted  by  the  LAMS  C-SA  analyses. 

“Ihis  abstract  is  subject  to  special  export  controls  and  each  trans¬ 
mittal  to  foreign  governments  or  foreign  nationals  may  be  made  only  with 
prior  approval  of  the  Air  Force  Flight  Dynamics  Laboratory  (FDCS), 
Vfright-Phtterson  Air  Force  Base,  Ohio  45433* 
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ORGANIZATION 


1.0  INTRODUCTION 

This  report  presents  the  results  of  the  ground  I'^t'ting  acccanplished 
prior  to  flight  and  the  fli^t  demonstration  program  conducted  to  evaluate 
the  LAKE  Flight  Control  System  (FCS).  Test  results  are  compared  with  the 
performance  predicted  by  theoretical  analyses  reported  in  Reference  4. 

1.1  Background 

The  LAIS  test  vehicle  NB-52E  AF  56-632  includes  all  structural 
modifications  through  ECP  1128  which  provides  strength  increases  to  the  aft 
fuseleige  and  vertical  tail.  To  acccm^jlish  the  LA^S  pr'^gram,  the  test  vehi¬ 
cle  was  modified  to  include  high  response  control  siirface  hydraulic  actuators 
for  the  elevators,  rudder,  ailerons,  and  LAMS  spoilers  (panels  1,  2,  13, 
and  l4).  In  addition,  new  servo  valves  were  installed  to  permit  spoiler 
segments  3  through  12  to  accept  fly-by-wire  electrical  inputs.  The  pilot 
station  was  modified  to  a  fly-by-wire  (evaluation  pilot)  station.  The  co¬ 
pilot  (monitor  pilot)  station  retains  the  mechanical  linkage  connections 
to  all  control  siu’face  actuators.  Rata  gyros  located  throughout  the  air¬ 
craft  provide  control  system  sensing.  The  rate  gyro  signals  are  conditioned 
using  the  on-board  analog  computers  for  the  Baseline  SAS  and  the  IAJ6  flight 
conputer.  Control  system  signals  proceed  to  the  control  surface  servos  from 
either  the  Baseline  SAS  or  LAMS-FCS.  The  conputers  and  associated  electron¬ 
ics  are  installed  at  the  bombardier-navigator  station.  The  test  vehicle 
also  includes  the  instrumentation  required  to  provide  quantitative  data  for 
system  performance  evaluation.  Additional  details  of  the  test  vehicle 
installations  are  presented  in  Reference  . 

The  Baseline  SAS  and  LA^B-FCS  were  designed  for  the  following 
three  flight  conditions: 

(1)  Fli^t  Condition  1  (FC-l):  350,000  pound  gross  weight;  350  ICEAS; 

4000  feet  altitude. 

(2)  Flight  Condition  2  (FC-2):  350,000  pound  gross  weight;  240  KIAS; 

4000  feet  altitude. 

(3)  Flight  Condition  3  (FC-3):  270,000  pound  gross  weight;  ,TI  Mach; 

32,700  feet  altitude, 

1.2  Purpose 

The  purpose  of  the  ground  and  flight  demonstration  phase  of  the 
LAMS  program  was  to  produce  experimental  data  for  comparison  with  analyti¬ 
cally  predicted  perfoimance;  thus  demonstrating  the  system  and  validating 
the  analytical  techniques  tised  in  system  design. 
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1.3  Objectives 

Ground  test  objectives  were: 

•  Ground  vibration  test  (GVT)  of  the  manual  (i.e,,  monitor  pilot)  control 
system 

•  Determination  of  control  surface  actuator  dyiismio  response  cbaranteris- 
tics 

•  Evaluation  of  the  hydraulic  power  system 

•  Evaluation  of  the  flylby-wire  control  system  characteristics 

•  Evaluation  of  the  Baseline  SAS  and  LAMS-FCS  characteristics 

Flight  demonstration  objectives  were: 

•  Checkout  of  the  basic  aircraft  with  powered  controls 

•  Stability  demonstration  of  aircraft  and  control  system 

•  Determination  of  aerodynamic  control  siu:face  authority  and  effectivity 
and  evalToation  of  handling  qualities  for  the  Baseline  SAS  and  LAMS-FCS 

•  Evaluation  of  the  Baseline  SAS  and  LAMS-FCS  dynamic  response  characteris¬ 
tics 

•  Demonstration  of  the  LAMS  system  during  flight  through  turbulence 

1.4  Report  Contents 

•  Section  2.0  summarizes  the  document 

•  Section  3.0  describes  the  aircraft  modification  and  test  system 
configurations 

•  Section  4,0  discusses  and  conqpares  the  performance  of  the  test  systems 
during  flight  with  the  analytically  predicted  performance 

•  Section  5.0  describes  hardware  performance  as  compared  with  specification 
or  design  requirements 

•  Section  6.0  presents  the  conclusions 

•  Section  7.0  contains  references 
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2.0  SUMMARy 

2.1  Introduction 

The  flight  demonstration  phase  of  the  LAJB  program  was  conducted  to 
eijqoerdmentally  evaluate  the  basic  aircraft  with  hydraulically  powered  con¬ 
trols,  the  Baseline  SAS,  and  the  LAMS-FCS. 

2.2  Aircraft  Configuration  and  Modification 

The  test  vehicle  was  a  lo6ids  demonstration  test  aircraft  and  includ¬ 

ed  extensive  Instrumentation  from  that  testing.  LAMS  testing  was  conducted 
with  the  3000  gallon  external  tanks  removed  to  permit  airspeeds  to  390  KCAS. 

2.2.1  Flight  Control  Systans 

Test  vehicle  control  system  modifications  consisted  of  hydraulically 
powered  actuators  on  the  rudder,  elevators,  and  ailerons.  The  spoiler  servo 
valves  were  modified  to  acc^t  electrical  signals  and  installed  to  actuate 
spoiler  panels  3  through  12.  The  LAMS  spoiler  actuators  (segments  1,  2,  13, 
emd  l4)  were  modified  to  include  Integral  seirvo  valves  to  accept  SAS  signals. 

Uie  coclqpit  arrangement  included  a  monitor  pilot  station  on  the  R.H. 
side  and  an  evaluation  or  fly-hy-wire  pilot  station  on  the  L.H.  side.  The 
monitor  pilot  controls  were  connected  to  the  mechanical  pushrod,  bellcrank, 
and  cable  system  originally  installed  in  the  aircraft  which  directly  command 
the  surface  actuators.  The  evaluation  pilot  controls  were  disconnected  from 
the  mechanical  control  system  and  connected  to  a  feel  system  consisting  of 
springs.  The  control  column  also  inclvided  a  viscous  dangper.  The  evaluation 
pilot  iiiput  electrical  signals  were  i>atched  directly  to  the  rudder,  aileron, 
emd  spoiler  servo  valves  for  sxirfeme  displacement.  A  parallel  servo  vas 
used  for  elevator  pitch  comnands  providing  displacement  of  the  monitor  pilot 
column  proportioned,  to  the  e\>'aluation  column.  A  three  view  of  the  test  eiir- 
creuFt  showing  the  control  surface  geometry  and  control  functions  is  presented 
in  Figure  2. 

2.2.2  Electronics  and  Instrumentation 

The  nucletxs  of  the  LAMS-FCS  included  electronic  con^onents  such  as 
sensors,  the  LAMS-FCS  coogputer,  two  TR-48  computers,  interface  signal  con¬ 
ditioning  electronics,  system  engage  controls,  and  system  monitoring  equip¬ 
ment,  A  pictorial  of  the  installed  electronic  equipment  is  presented  on 
Figure  3. 


Extensive  instrumentation  was  installed  in  the  test  aircraft  to 
evaluate  aircraft  stability,  handling  qualities,  and  structural  performance 
with  the  Baseline  SAS  and  LA>6-FCS  engaged.  The  instrumentation  consisted 
of  accelerometers,  position  indicators,  rate  gyro  sensors,  attitude  gyros, 
strain  gages  for  loads  measurements,  and  hydraulic  system  temperature  and 
pressure  measurements.  The  detailed  instrumentation  requirements  are  con¬ 
tained  in  Section  3.4  of  this  report. 
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B-52E  AIRCRAFT  GEC3METRY 


ELECTRafICS  PROFILE 


2.2.3  Baseline  SAS 

The  Baseline  SAS  provides  stability  augmentation  in  the  three  rigid 
body  axes.  The  system  design  accoomodates  operation  of  each  axis  indepen¬ 
dently  or  any  combination  of  the  three  axes.  The  system  was  mechanized  on 
the  TR-48  computers  located  at  the  Flight  Engineer's  Station  and  is  presented 
in  more  detail  in  Section  3.5.  Engagement  of  the  system  was  acconplished 
through  the  use  of  the  pilot's  aisle  stand  control  panel. 

2.2.4  LAMS-FCS 

The  LAMS-FCS  was  mechanized  separate  electronics  r^resentative 
of  contemporary  flight  control  hardware  and  is  described  in  more  detail  in 
Section  3.6.  The  system  is  a  three  axis  Fli^t  Controller  and  includes 
rigid  body  motion  control  in  addition  to  control  of  selected  structural 
modes  to  provide  fatigue  damage  rate  reduction  due  to  fli^t  throu^  turbu¬ 
lence.  LAMS  system  engagement  was  accomplished  through  the  same  control 
panel  as  the  Baseline  SAS.  The  flight  control  configuration  was  selected 
by  Insertion  of  a  patch  board  in  the  interconnect  panel.  Each  system  has 
a  unique  patch  board  and  only  one  controller  could  be  engaged  at  any  one 
time. 


2,3  System  Perfomance 

The  flight  demonstration  phase  of  the  LAMS  program  was  flown  during 
a  four  month  period  ending  l4  May  1968.  The  flight  test  plan  and  the  test 
conduct  detail  is  discussed  in  Reference  4. 

2.3.1  Flutter  Boimdary  and  Dynamic  Response  Testing 

Aeroelastic  testing  was  required  to  establish  the  stability  of  the 
aircraft  and  SAS  configurations  and  to  permit  aircraft  operation  at  the  de¬ 
sign  conditions  for  evaluation  of  the  flight  control  systems.  Airframe 
responses  were  eveiltiated  following  monitor  pilot  or  function  generator  con¬ 
trol  transient  inputs  into  the  control  surface  actuators  and  by  system 
excitation  from  multi-cycle  sinusoideil  inputs  at  discrete  frequencies  and 
amplitudes  from  the  function  generator  at  the  Flight  Engineer's  Station, 

2. 3. 1.1  Basic  Alrcreift  and  Baseline  SAS 

The  aircraft  aeroelastic  response  was  evaluated  for  the  five  fuel 
configurations  presented  in  Table  I  which  were  selected  from  the  proposed 
LAI®  test  vehicle  fuel  management  sequence  as  critical  fuel  configurations 
based  on  past  B-52  C-F  flutter  boundary  testing.  An  altitude  of  21,000  feet 
was  used  for  the  test  and  the  airframe  response  was  evaluated  from  250  to 
390  KIAS,  An  altitude  of  21,000  feet  was  selected  since  this  is  the  altitude 
at  which  the  maximum  straight  and  level  airspeed  and  Mach  number  occur  simul¬ 
taneously  and  is  the  altitude  which  yields  the  lowest  aircraft  flutter 
boundaries  for  the  B-52  aircraft. 

Based  on  the  results  of  this  testing,  the  basic  aircraft  with 
hydratilic  controls  with  an  without  the  Baseline  SAS  has  a  satisfactory 
flutter  boundary  for  all  altitvides  and  airspeeds  up  to  and  including  390  KIAS 
and  .90  Mach  nimiber  for  the  fuel  management  sequence  of  the  LAI®  test  vehicle. 


2.3. 1.2  LAMS-FCS 


The  LA1E“FCS  perfonnance  was  evaluated  for  flight  conditions  1  and 
3  (FC-1  and  3)  sifter  accoaplishing  the  aircraaPt  and  system  stability  at  the 
following  conditions: 

•  FC-1  flutter  boundary  evaluation  at  10,000  feet  altitude  for  safety  from 
225  to  365  KIAS  for  fuel  configurations  1  end  2  of  Table  I 

•  FC-3  flutter  boundary  evaluation  at  32,700  feet  altitude  from  200  to 
290  KIAS  for  fuel  configurations  3  and  4  of  Table  I 

The  initial  LAMS-FCS  gain  configuration  eJdiibited  marginal  aero- 
elastic  danping  in  a  ssmBuetric  3  cps  mode  during  fuel  configuration  3. 
Reduction  of  the  LAtB  spoiler  loop  gain  to  50  percent  permitted  cotipletion 
of  testing  to  290  KIAS.  Following  discovery  of  the  low  damped  oscillation, 
dynamic  response  tasting  was  accoraplished  on  the  sdrcra^  to  evaluate 
response  to  spoiler  excitation.  Baaed  on  the  resixlts  of  the  dynamic  response 
testing  and  additional  system  analyses  the  longitudinal  LA^B-FCS  hardware  was 
modified  as  presented  in  Reference  4. 

The  revised  LAMS-FCS  was  then  retested  to  determine  aircraft  eind 
system  stability  in  a  manner  similar  to  that  outlined  for  the  initial  system 
testing.  The  results  of  this  testing  showed  that  the  system  had  an  adequate 
flutter  boundary  as  shown  in  Figure  4.  A  problem  encountered  during  the  high 
speed  testing  of  fuel  configuration  4  did  not  result  in  additional  modifica¬ 
tions  to  the  LAMS-FCS  since  this  configuration  is  considerably  below  the 
design  gross  weight  for  PC-3  and  outside  the  system  design  envelope. 

2.3.2  Aerodynamic  Tes  oing 

The  aerodynamic  testing  included  evaliiating  control  surface  author¬ 
ity  and  effectiveness  and  pilot  handling  qualities  of  each  aircraft  system 
configuration.  The  data  was  gathered  at  various  design  conditions  to  fulfill 
test  reqiiirements, 

2. 3. 2.1  Control  Surface  Authority  and  Effectiveness 

The  control  surface  authority  and  effectiveness  testing  was  required 
to  provide  a  comparison  of  predicted  basic  aircraft  and  experimental  data  to 
validate  the  theoretical  analyses.  Flight  test  data  was  obtained  for  the 
elevator,  rudder,  aileron  (both  symmetric  and  antisymmetric),  and  spoilers 
(both  symmetric  and  antisymmetric),  at  24o,  300,  and  350  KIAS  and  10,000  feet 
and  at  .60,  .7?,  and  ,85  Mach  number  and  32,700  feet.  Section  4,2  presents 
a  typical  corapaidscn  (FC-1)  of  predicted  versus  flight  test  data, 

2. 3.2.2  Handling  Qualities 

Tiie  LAIS  design  criteria  stated  that,  in  general,  the  aircraft 
handling  qualities  should  not  be  degraded  by  the  addition  of  the  LAMS-FCS. 

Significant  imprcvement  in  Dutch  roll  stability  was  required  to 
obtain  tbs  predictep  structui-al  performance,  and  the  product  of  the  Dutch 
roll  frequency  times  the  dsaping  ratio  was  selected  to  be  greater  than 
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FLIGHT  REGION  FOR  THE  REVISED  LAMS-FCS 


(Bad/Sec) 


.35  radians/second  for  flight  through  atmoi^heric  turbulence.  A  con5>ari8on 
of  predicted  experimental  Dutch  roll  handling  qualities  is  presented  in 
Figure  5«  Dutch  roll  dancing  for  the  LAMS-FCS  (FC-l)  is  slightly  less  than 
the  above  requirement  but  is  still  acceptable  for  normal  flight  operation. 

The  short  period  mode  was  highly  dan^jed  on  the  basic  aircraft  and 
no  significant  change  was  noted  with  the  addition  of  the  Baseline  SAS  on 
LAHS-FCS.  Also,  the  roll  response  time  constant  for  all  aircraft  configura¬ 
tions  was  less  than  the  required  bsro  seconds,  and  the  spiral  mode  stability 
time  constant  was  greater  than  the  required  twenty  seconds. 

2.3*3  Struct\iral  Response  to  Turbvilence 

The  aircraft  structural  performance  was  evaluated  during  flight 
throu^  atmospheric  turtnjlence.  Flight  Condition  1  (low  altitude  and  high 
speed)  was  the  condition  evaluated  during  the  test  to  increase  probability 
or  turbulence  encounter.  The  perfozmance  parameters  evalmted  were:  fatigue 
damage  rates,  maximum  expected  stresses,  and  rms  accelerations. 

The  gusts  encountered  dirring  the  two  test  flights  selected  for  data 
reduction  varied  from  3.6  to  4.5  feet/second  for  the  vertical  component  and 
from  3.0  to  3.8  feet/second  for  the  lateral  conponent. 

A  fictitiotxs  coherency  loss  at  the  Dutch  roll  peak  for  the  basic 
aircraft  is  explained  in  seme  detail  in  Section  4.3.6.  This  coherency  loss 
is  due  to  the  Dutch  roll  half -power  bandwidth  for  the  Basic  Aircraft  being 
equal  to  approximately  .025  cps  as  defiiied  from  the  handling  qualities  tests 
whereas  the  data  reduction  resolution  used  in  the  ttirbulence  test  data 
handling  is  .040  cps.  This  results  in  the  computer  coherency  of  the  Dutch 
roll  peak  to  lateral  gusts  to  he  approximately  60  percent  of  true  value. 

All  other  responses  were  adequately  defined.  The  performance  of  the  Baseline 
SAS  and  LAMS-PCS  in  lateral  turhiilence  across  the  botal  frequency  spectrum 
eval\iated  was  similar  to  that  predicted.  Also,  the  performance  of  the  basic 
aircraft,  the  Baseline  SAS,  and  LAMS-FCS  in  vertical  turbulence  was  in  good 
agreement  to  that  predicted. 

The  structTiral  performance  is  presented  using  the  Baseline  SAS  as 
the  reference  since  most  present  day  large  flexible  aircraft  have  a  yaw 
damper  as  a  minimum  stability  augmentation  system.  The  results  of  the  test 
program  with  cenparisons  of  the  theoretical  results  are  presented  in 
Tables  II,  III,  IV,  and  in  Section  4.3.  The  inboard  wing  stress  conparisons 
are  good  as  noted  in  Tables  II  and  III.  Some  benefit  not  predicted  by  the 
analyses  was  achieved  by  the  LAMS-FCS  along  the  fuselage  and  vertical  tail. 
Increases  noted  in  stabilizer  damage  rates  are  very  smallj  fatigue  damage 
rates  for  the  Baseline  SAS  are  approximately  1  percent  of  that  experienced 
on  the  wing. 

The  fuselage  accelerations  as  shown  in  Table  IV  show  good  agreement 
with  the  predicted  results. 
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TABLE  II 

BEMTIVE  PEAK  XNCBEHENTAL  STBESSCS 
(EXCEEDANCE  LEVEL  »  .001 /HOUR) 


LANS  FCS/^ASELINE  SAS 


LOCATION 

THEORETICAL 

TBST>H^ 

W.S.  222  S-6 

.79 

.85 

W.S.  820  S-5 

.76 

.81 

W.S.  974  S~5 

.84 

.94 

B.S.  805  U.L.* 

.87 

- 

B.S.  1028  U.L.* 

.97 

- 

B.S.  1222  U.L. 

1.04 

.97 

B.S.  1412  U.L. 

1.03 

.97 

S.B.L.  56  SPAR 

1.10 

1.13 

F.S.  135  SPAR 

1.02 

1.00 

*  Analysis  Stations  Only  — 

Not  Instrumented 

**■  A  &  Nq  values  used  in  the  calculations  were 
the  average  of  values  from  tests  5415  And  5418 

IS 


M 


TABLE  III 

REUTIVE  FATIGUE  DAMAGE  BATES 


STRESS 


LAMS  FCS/^SELINE  SAS 


LOCATION 

THEORETICAL 

TEST** 

W.S.  222  S-6 

00 

• 

.64 

W.S.  820  S-5 

.55 

.59 

W.S.  974  S-5 

o 

00 

• 

.95 

B.S.  805  U.L.* 

.54 

- 

B.S.  1028  U.L.* 

.82 

- 

B.S.  1222  U.L. 

1.15 

.75 

B.S.  1412  U.L. 

1.11 

.73 

S.B.L.  56  SPAR 

1.86 

2.60 

F.S.  135  SPAR 

1.06 

.95 

*  Analysis  Stations  Only  —  Not  Instnuscnted 

**  A  &  Nq  values  used  in  the  calculations  were  the 
average  of  values  from  tests  5415  and  5418. 


V.S.  974 
W.S.  820 


S.B.L.  56 


B.S.  805 X 
B.S.  1028y^ 
B.S.  1222^ 


L  I  i 


F.  S.  135 


N, 


TABI£  IV 


ACCELEROHETER 

LOCATION 

B.  S.  172  Vertical 
B.  S.  860  Vertical 
B.  S.  1655  Vertical 
B.  S.  172  Lateral 
B.  S.  860  Lateral 
B.  S.  1655  Lateral 


RELATIVE  RMS  ACCELEIL'J’IONS 
(Flight  Condition  1) 


LAMS  PCS/feASBLINB  SAS 


THEOBETICAJi 

TEST<<-' 

.94 

.98 

1.01 

1.02 

1.00 

i.Ol 

.91 

.93 

1.05 

.99 

1.05 

.96 

*  Values  tabulated  are  the  average  from  tests  5415  and  5418 
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Hardware  Performance 


The  test  vehicle  and  LAMS-PCS  hardware  performance  was  evaluated 
during  ground  tests  prior  to  initiating  the  flight  phase  of  the  LAMS  program. 
In  general,  the  ground  test  r  suits  presented  in  Section  5*0  indicate  that 
the  hardware  performed  as  theoretically  predicted.  Major  eireas  of  disagree¬ 
ment  were  the  actuator  frequency  response  characteristics  of  the  aileron, 
n-dder,  and  LAMS  spoilers  above  4  cps.  The  LAMS-FCS  controlled  structxiral 
modes  tq>  to  4  cps  and  the  agreement  in  frequency  response  out  to  that  fre¬ 
quency  was  adequate  to  attain  the  predicted  structural  performance. 

The  gromd  tests  conducted  prior  to  flight  provided  a  high  degree 
of  confidence  in  the  theoretical  analyses  and  a  good  base  on  which  to  pro¬ 
ceed  into  the  flight  phase  of  the  program.  It  shoxild  be  noted  that  after 
final  hsirdware  was  installed  in  the  LAMS  test  vehicle,  all  systems  functioned 
with  a  minimum  amount  of  maintenance  throughout  the  flight  demonstration 
program. 
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3.0  AIRCRAFT  CONFIGURATION  AND  MODIFICATIOK 

This  section  discxisses  the  monitor  and  evaltusibion  pilot  control 
system  modification  as  well  as  the  electraiic  flight  control  equipment  pro¬ 
vided  at  the  flight  engineers  station.  In  addition  the  Baseline  SAS,  LAiC- 
FCS,  and  the  instrumentation  required  for  system  evaluation  are  described. 

3.1  Monitor  Pilot  Control  System 

The  monitor  pilot's  controls 5  the  wheel,  column  and  rudder  pedals, 
are  connected  to  the  control  cables  as  originally  installed.  With  the  LANK 
modification,  instead  of  driving  tabs  on  the  control  surfaces,  the  cables 
provide  mechanical  input  to  hydraulic  actuators  which  drive  the  control  sur¬ 
faces.  The  modified  aircraft  control  system  schematic  is  presented  in 
Figure  6.  The  control  wheel  provides  mechanical  ixqputs  to  actuators  which 
move  the  aileron  and  spoiler  (the  five  inboard  panels,  3-7  and  8-12,  on 
each  wing)  surfaces  antisynmetrically.  The  control  column  and  rudder  pedals 
provide  mechanical  inputs  for  elevator  and  rudder  surface  displacaaents 
respectively.  In  the  roll  and  yaw  aucis  the  wheel  and  rudder  pedal  mechani¬ 
cal  commands  frcsn  the  monitor  pilot  and  the  electrical  caonands  from  the 
evaluation  pilot  are  sinaned  in  the  actuator  providing  the  monitor  pilot  the 
ability  to  override  the  evaltiatlon  pilot  inputs.  In  the  pitch  axis  any 
coltimn  input  by  the  monitor  pilot  will  diseiigage  the  fly-by-wlre  mode.  This 
mechanization  provides  the  monitor  pilot  full  control  in  all  three  axes. 

The  monitor  pilot  has  full  authority  in  eeuih  axis  with  surface 
deflectioiis  as  follows: 


Aileron  ±  17  degrees 

+  60  degrees 
0  degrees 

Rudder  ±  19  degrees 


Spoiler 


Elevator  ±  19  degrees 
3.2  Evalmticn  Pilot  Control  System 

The  evaluati(»i  pilot  control  column,  wheel  and  rudder  pedals  are 
disconnected  from  the  original  aircraft  system  control  cables  and  connected 
to  springs  and  daii^>ers  which  provide  the  feel  system  as  presented  in  Fig- 
tore  6.  Position  potentiometers  ixvJicate  electrically  the  position  of  the 
pilot's  controls.  These  electrical  signals  are  routed  through  the  inter¬ 
patch  panel  to  the  analog  counter  where  the  gaixis  can  be  adjusted  as 
required.  The  control  wheel  signal  then  goes  to  the  aileron  and  fly-by- 
wire  (FBW)  spoiler  actuators  which  drive  the  control  surfaces.  The  rudder 
pedal  signal  ccnemands  the  rudder  actuator  driving  the  rudder  surface.  The 
control  column  signal  is  routed  to  the  pitch  parallel  servo  which  mechani- 
c6LUy  drives  the  aft  fuselage  elevator  toirque  tube  and  linkages  to  the 
elevator  antuator  to  move  the  elevator  surfaces.  Since  the  aft  fuselage 
el.evator  torque  tube  is  driven  by  the  pitch  parallel  servo  the  monitor 
pilot’s  column  follows  the  evaluation  pilot's  column.  The  evaluation  pilot 
has  full  authority  in  each  axis  the  saane  as  the  monitor  pilot. 


17 


PILOT  CONTROL  SYSTEM 


The  evaluation  (fly-by-wire)  pilot  system  and  SAS  control  modes  are 
engaged  through  a  switch  panel  located  between  the  pilots  on  the  aisle  stand 
The  control  inodes  which  can  be  selected  are  pitch  FBW,  pitch  SAS,  roll  FEW, 
roll  SAS,  Yaw  FBW,  and  Yaw  SAS.  Each  may  be  .selected  independently  of  the 
other  with  the  exception  of  the  roll  FBW  which  cannot  be  selected  unless 
pitch  FBW  has  already  been  selected.  The  engage  switch  is  used  to  engage 
the  control  system  after  appropriate  modes  have  been  selected. 

3.3  Flight  Engineers  Station 

The  interface  electronics,  safety  monitoring  emd  data  monitoring 
equipment  is  located  at  the  flight  engineers  station.  See  Figure  3  for  the 
location  of  this  equipment. 

The  interface  electunics  provide  the  nucleus  of  the  electrical 
flight  control  system.  All  caitrol  signals  pass  throu^  the  interface  elec¬ 
tronics  and  signals  are  distributed,  filtered  Euid  gain  ad;)usted  as  required. 
An  inteipatch  x>anel  which  is  part  of  the  Interface  electronics  receives  all 
flight  control  input  and  output  signals.  !]Ms  panel  provides  a  removable 
patch  board  containing  4o8  connections  to  a  matlxig  base  panel.  Since  all 
signals  pass  through  the  intezpatch  hese  panel  into  the  removable  board  and 
back  out  the  base  panel,  any  desired  routing  of  signals  may  be  wired  on  the 
removable  boeord.  Several  interpatch  boards  are  available  to  the  flight 
engineer  making  it  iwssible  to  select  system  configuration  by  changing  inter 
patch  boards. 

Several  signals  are  monitored  in  the  safety  monitor  and  interlock 
system.  These  signals  are  power  supplies,  accelerations  at  critical  loca¬ 
tions  and  input  comoiand  signals  to  the  control  surface  auxiliary  actuators. 
The  Interlock  system  provides  disengagonent  of  the  control  system  if  a 
failure  occurs  or  if  the  signal  levels  exceed  a  pre-set  value.  Each  signal 
monitored  has  a  warning  light  which  indicates  to  the  flight  engineer  the 
cause  of  system  disengagement. 

The  two  general  pnupose  analog  computers  are  slaved  together  and 
provide  the  linear  emd  non-linear  computer  functions  needed.  Ihe  cooputer 
conponents  are  used  for  filtering  and  gain  adjusting  the  signals  for  the 
Baseline  SAS.  The  fly-by-wlre  signals  are  also  gain  adjusbed  on  the  analog 
computer  eutd  if  the  Baseline  SAS  and  fly-by-wlre  zure  both  engaged,  the  sig¬ 
nals  are  svanned  on  the  cooputer.  The  coaputer  digital  voltmeter  furnishes 
a  means  of  signal  monitoring. 

Another  method  of  signal  monitoiring  is  provided  by  the  six  channel 
oscillograph.  A  switch  makes  it  possible  to  select  73  different  cooibina- 
tions  of  signals  or  the  flight  engineer  can  program  on  the  intexpatch  board 
any  combination  of  signals  he  needs.  The  two  cbsnnel  oscilloscope  is  avail¬ 
able  and  can  be  used  to  check  the  proper  operation  of  the  rate  gyro  motors 
and  to  monitor  any  signal  available  at  the  interpatch  peuiel. 

The  flight  engineer  is  provided  instruments  indicating  aileron 
surface  position,  fly-by-wire  spoiler  starface  positloc,  and  aft  fuselage 
interface  electronics  rack  teseperature. 


A  function  generator  capable  of  generating  sine,  raai),  triangular, 
and  square  waves  was  installed  for  gro\ind  and  inflight  checkout  and  for 
inflight  testing.  The  flight  engineer  c«ai  select  the  frequency  and  number 
of  cycles  (-I-,  1,  2,  3>  or  firee  run  operation)  as  well  as  the  type  func¬ 
tion,  The  function  genei'ator  output  is  routed  through  the  analog  computer 
to  monitor  and  gain  adjust  the  signal  and  directed  to  the  appropriate  con¬ 
trol  surface  by  the  flight  engineer. 

3.4  Instrumentation 

Narrow  Band.  FM  (liBFM)  recording  systems  were  used  to  record  data  to 
evalTiate  performance  and  handling  qualities,  to  flutter  clear  the  test  flight 
envelope  and  to  check  system  stability.  I4any  of  these  signals  are  generated 
by  sensors  which  are  used  in  conjunction  with  the  control  systems  on  the 
LA16  aircraft.  These  signals  are  available  at  the  interpatch  panel  and  are 
routed  from  it  to  the  recorders.  A  list  of  these  signals  is  given  in 
Table  H  eind  the  sensor  or  pick-up  locations  are  shown  in  Figure  ?•  Addi¬ 
tional  sensors  were  installed  to  make  possible  recording  of  all  pertinent 
signals  for  system  evaluation  on  the  NBFM  recording  systems.  These  signals 
are  not  available  at  the  inteipatch  panel  but  are  routed  directly  to  the 
tape  recorder.  These  sensor  signals  are  listed  in  Table  II  and  locations 
are  shown  in  Figures  7  and  8. 

3.5  Longitudinal  Axis 

The  primary  function  of  the  Baseline  pitch  SAS  is  to  augment  short 
period  mode  dashing.  The  system  enploys  pitch  rate  feedback  to  control  the 
powered  elevator.  The  signal  is  derived  from  a  rate  gyro  located  at  Body 
Station  820,  near  the  aircraft  c.g.  (see  Figure  9)*  Electronic  filters 
shape  the  feedback  signal  to  increase  short  period  damping  and  to  obtain 
desired  handling  qualities  without  significeintly  disturbing  or  controlling 
structural  modes.  Figure  10  shows  a  block  diagram  of  the  Baseline  Pitch 
SAS. 


3.5»2  Lateral-Directional  Axis 

The  Baseline  Roll  SAS  improves  roll  response  of  the  aircrafl;  to  the 
pilot's  wheel  conmand  without  decreeing  steady-state  roll  rate  capability 
of  the  aircraft  by  more  than  10  percent.  Feedback  decreases  the  roll  time 
constant  by  sensing  roll  rate  with  a  rate  gyro  located  at  Body  Station  820, 
approxinately  at  the  c.g,  (see  Figure  9)  and  feeding  it  back  to  drive  the 
aileron  surface  antisymmetrically.  Since  this  signal  is  subtracted  from 
the  pilots  input,  the  evaluation  pilot's  wheel  to  aileron  gain  was  increased 
over  the  unaugmented  aircraft  gain  to  reteiin  similar  steady  state  roll  rate 
to  wheel  gedn  with  the  roll  SAS  engaged.  Feedback  loop  electronic  filters 
and  a  forward  loop  notch  filter  at  12  radians  per  second  ensure  system 
stability  and  desirable  handling  qualities. 

The  Baseline  Yaw  SAS  augments  Dutch  roll  dan5>ing  with  a  ir&v  rate 
signal  to  the  ludder,  utilizing  a  rate  gyro  located  at  Body  Station  6l6, 
forweird  of  the  c.g,  (see  Figure  9),  ®ie  feedback  signal  is  shaped  to  damp 
the  Dutch  roll  mode  t^thout  ciuuaging  structural  mode  dcuiping.  Added  Dutch 
roll  damping  obtains  desirable  handling  qualities,  A  block  diagram  of  the 
Beiseline  yaw  and  roll  SAS  design  is  presented  in  Figure  11, 
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TABLE  V 

INSTRUMENTATirat  (AVAILABLE  AT  lOTEKPATClI  PAHEL) 

INDEX  NO.  MEASUREMENT 

(Figure  7) 

Accelerations 

5  Lateral  Acceleration  -  BS  1655 

6  Lateral  Acceleration  -  FS  35^ 

8  Longitudinal  Acceleration  -  Left  VS  1359  and  LWS  924 
10  Vertical  Acceleration  -  Left  WS  1359  and  LTO  924 

12  Vertical  Acceleration  -  BS  172,  860  and  1655 

13  Vertical  Acceleration  -  ISS  425 

Attitudes  and  Rates 

14  Angle  of  Pitch  -  A/P  C.G. ,  BS  860 
l4  Angle  of  Roll  -  A/P  C.G.,  BS  860 

16  Rate  of  Pitch  -  BS  566,  860,  and  1377 

17  Rate  of  Roll  -  Left  and  Right  WS  9OO 

18  Rate  of  Roll  -  BS  805,  860,  and  I655 

19  Rate  of  Yaw  -  BS  425,  695,  86O,  1028,  and  1377 

Aileron  and  Spoiler  Requirements 

21  Control  Wheel  Position  -  EveuLuation  Pilot 

22  Aileron  Position  -  Left  and  Right 

23  Aileron  Auxiliary  Actuator  Position  -  Left  and  Right 

23  Aileron  Actuator  Mechanical  Input  -  Left  and  Right 

24  Aileron  Con^iuter  Cojnaand  -  Left  and  Right 

25  Aileron  Trim  Ccmnand 

26  Spoiler  Position  -  Segments  3j  6,  9  and  12 

27  Spoiler  Auxiliary  Actuator  Position  -  Segments  3)  6,  9,  and  12 

28  Spoiler  Coc^juter  Cannand  -  Segments  1  through  l4 

29  Spoiler  Actuator  Ram  Position  -  Segments  1,  2,  13  and  l4 

Elevator  and  Stabilizer  Requii-ements 

31  Control  Column  Position  -  Evaluation  Pilot 

32  Elevator  Position  -  Left  and  Right  (Bearing  No,  4) 

33  Elevator  Auxiliary  Actuator  Positions  1  and  2  -  Left  and  Right 

33  Elevator  Actuator  Main  Metering  Valve  Position  -  Left  and  Right 

34  Elevator  Servo  No.  1  Compiter  Command  -  Left  and  Right 

35  Pitch  Parallel  Servo  Position 

36  Pitch  Parallel  Servo  Electric  Input 

37  Stabilizer  Position  -  Hinge  Line 
Rudder  Reqvdrements 

39  Rudder  Pedal  Position  -  Evaluation  Pilot 

40  Rudder  Position  -  Bearing  No.  4 

41  Rudder  Auxiliary  Actuator  Positions  1  and  2 

41  Rudder  Actuator  Main  Meteidng  Valve  Position 

42  Rudder  Servo  No,  1  Con^niter  Command 

Miscellaneous 

55  Copilot  Override  Signal 

57  LAMS  Engage  Signal 

57  Transient  Generator  Signal 
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TABLE  VI 

INSTRUMENTATION  (NOT  AVAILABLE  AT  INTERPATCK  PANEL) 

INDEX  NO. 

(Figure  7) 

Body  Loads 

1 
2 

3 

4 

Fin  Loads 

5 

5 

5 

Stabilizer  Loads 

6  Rear  Spar  Shear  Stress  -  Left  and  Right  BL  18 

7  Vertical  Moment  -  Left  and  Right  BL  56  and  LSS  238 
7  Shear  -  Lefc  and  Right  BL  56  and  LSS  238 

7  Torsion  -  Left  and  Right  BL  56  and  LSS  238 
Wing  Loads 

8  Chordvd.se  Moment  -  Left  and  Right  WS  222,  820,  amd  974 
8  Vertical.  Moment  ~  Left  and  Right  WS  222,  820,  and  974 

(Figure  8) 

Gust  Velocity 

1  Angle  of  Pitch  -  Boom  Base 
1  Angle  of  Roll  -  Boom  Base 

1  Longitudinal  Acceleration  -  Boom  Base 

2  Angle  of  Yavf  -  Probe 

2  Angle  of  Attack  Differential  Pressure  -  Probe  (Coarse  and  Fine) 

2  Inpact  Pressure  -  Probe  (Lateral  and  Vertical  Static  Reference) 

2  Lateral  Acceleration  -  Probe 

2  Rate  of  Pitch  -  Probe 

2  Rate  of  Roll  -  Probe 
2  Rate  of  Yav?  -  Probe 

2  Sideslip  Differential  Pressure  -  Probe  (CoEirse  and  Fine) 

2  Static  Pressvure  -  Probe  (Lateral  and  Vertical  Ports) 

2  Vertical  Acceleration  -  Probe 


MEASUREMENT 


Lateral  Moment  -  BS  1222  and  l4l2 
Vertical  Moment  -  BS  475*  1222,  and  l4l2 

Left  and  Right  Upper  Longeron  Axisil  Stress  -  BS  475 >  710  and  1033 
Left  and  Right  Lower  Longeron  Axial  Stress  -  (Lower  Member) 

BS  475  and  710 


Lateral  Moment  ••  FS  135  and  311 
Shear  -  FS  135  and  311 
Torsion  -  FS  135  and  311 


Accelerations 

3  Angular  Acceleration  -  Left  and  Right  WS  1359  and  LWS  54o 

4  Angular  Acceleration  -  IBS  425 

5  Lateral  Acceleration  -  BS  172,  86O,  1237 

7  Lateral  Acceleration  -  Nacelles  No,  1  and  2 

8  Longitudinal  Acceleration  -  Left  and  Right  WS  54o  and  LWS  924 

9  Longitudinsd.  Acceleration  -  BS  860 

10  Vertical  Acceleration  -  Right  WS  1359  and  LWS  924 

11  Vertical  Acceleration  -  Nacelles  No,  1  and  2 

12  Vertical  Acceleration  -  BS  860  and  1237 


TABLE  VI  (Cont'd) 

INDEX  NO.  MEASUREMENT 

Aileron  and  Spoiler  Requirements 

20  Control  Wheel  Force  -  Monitor  Pilot 
20  Control  Wheel  Position  -  Monitor  Pilot 
23  Aileron  Actuator  Force  -  Left  and  Right 

23  Aileron  Actuator  Mechanical  Input  -  Left  and  Right 

27  Spoiler  Actuator  Force  -  Segments  3>  6,  9  and  12 

27  Spoiler  Actuator  Mechaniceil  Input  -  Segments  3j  6,  9  and  12 

Elevator  and  Stabilizer  Requirements 

30  Control  Column  Force  -  Monitor  Pilot 
30  Control  Column  Position  --  Monitor  Pilot 
33  Elevator  Actuator  Force  -  Left  and  Right 

33  Elevator  Actuator  Mechanical  Input  -  Left  and  Right 

37  Stabilizer  Position  -  Jackscrew 
Rudder  Requirements 

38  Rudder  Pedal  Force  -  Monitor  Pilot 

38  Rudder  Pedal  Position  -  Monitor  Pilot 

4l  Rudder  Actuator  Force 

4l  Rudder  Actuator  Mechanical  Input 

43  Rudder  Trim  Position 

Hydraulic  Pressures  and  Temperatures 

44  Hydraulic  Pun^)  Output  Pressure  -  Engines  1,  3  and  4 

44  Ifydraulic  Oil  Temperature  in  Pump  Bypass  Line  (Return)  - 

Engines  1,  3j  and  4 

45  Left  Outbaord  Spoiler  Systen  Hydraulic  Oil  Teii5>erat\tres 
At  Reservoir  Inlet  (Return  Line) 

46  Spoiler  System  Electric  Motor  Pimp  Output  Pressure 
Left  Inboard  and  Outboard 

47  Spoiler  System  Control  Valve  Iiput  and  Return  Pressure  - 
Left  Inboard  and  Outboard 

48  Left  Aileron  Actuator  Input  and  Output  Pressure 

49  Left  Body  System  Electric  Motor  Pump  Output  Pressure 

49  Left  Body  System  I^draulic  Oil  Temperature  in  Electric 
Motor  Punp  Bypass  Line  (Return) 

50  Elevator  and  Rudder  Forward  Hy^aulic  Pump  Output  Pressure 

50  Elevator  and  Rudder  System  Hydraulic  Oil  Temperature  In 
Forweird  Electric  Motor  Pump  Bypass  Line  (Return) 

Hydraulic  Systems  Electric  Power  Requirements 

51  Spoiler  Hydraulic  System  Electric  Motor  Pump  Power  Ir^t  - 
Left  Inboard  and  Outboajt'd 

52  Left  Body  Hydraulic  System  Electric  Motor  Pump  Power  Ii^t 

53  Elevator  and  Rudder  Forward  Hydraulic  System  Electric  Motor 
Pimp  Power  Irput 

Miscellaneous 

15  Sideslip  Differentieil  Pressure  -  Aircraft  System  -  BS  100 
56  Indicated  Outside  Air  Temperature 
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iSELINE  PITCH  SAS  BLOCK  DIAGRAM 
FIGURE  10 


3.6  LA1.B-FCS 

The  LAMS-FCS  is  a  three  axis  flight  controi,  system.  For  test  inir- 
poses,  each  axis  can  operate  indqiendently  or  in  conibination  with  other 
axes,  similar  to  the  Baseline  SAS. 

3.6.1  LAMS  Longitudinal  FCS 

The  LAMS  Longittuiinal  FCS  block  diagram  is  shown  in  Figure  12. 
Feedback  signals  are  derived  from  four  rate  gyros;  one  located  in  the  for¬ 
ward  fuselage,  one  in  the  aft  fuselage,  and  one  in  each  wing.  The  Longi¬ 
tudinal  axis  rate  gyro  locations  are  shown  in  Figure  13.  These  sensor 
signals  are  blended  to  produce  three  signals  which  are  approximations  of 
rigid  body  pitch  rate,  elastic  mode  one  rate,  and  elastic  mode  six  rate. 
Pseudo  integration  of  the  structural  mode  signals  gives  approximate  mode 
displacement  signals.  The  rate  and  displeu^ement  signals  are  then  gain 
adjusted  as  a  function  of  flight  condition  and  shaped  with  electronic  fil¬ 
ters,  The  filters  are  primarily  for  stability  ccnpensation  and  the  preven¬ 
tion  of  dc  null  offsets.  System  gains  for  each  fli^t  ecodition  are 
tabulated  in  the  Table  on  Figure  12.  The  system  operates  the  elevators, 
ailerons  and  outboard  spoiler  panels  (segments  1,  2,  13,  and  l4)  on  each 
wing  symmetrically  to  provide  control  of  the  short  period  and  the  1st  and 
6th  symmetric  structural  modes.  The  spoiler  panels  operate  in  a  15  degree 
biased  position  to  provide  displacement  in  either  direction.  Desirable 
handling  qualities  are  obtained  by  adding  a  column  to  elevator  feedforward 
signal  path  parallel  to  the  existing  fly-by-wire  path. 

3.6.2  LAMS  Lateral-Directional  FCS 

Figure  l4  is  a  block  diagrmn  of  the  LAMS  Latej*al-Directional  FCS. 
There  are  two  roll  rate  gyros  and  foux*  yaw  rate  gyros  mounted  in  the  fuse¬ 
lage  which  are  utilized  to  obtain  the  control  signals,  5he  Lateral- 
Directional  FCS  rate  gyro  locations  are  shown  in  Figure  13.  Kie  signal  from 
the  yaw  rate  gyro  located  at  Body  Station  695  is  used  to  increaise  the  daa5)- 
ing  of  the  Dutch  roll  mode  using  the  rudder.  The  signal  was  filtered  zo 
maintain  the  required  stability  margias  of  the  structural  modes.  !Ihe  other 
five  rate  gyros  vrere  xzsed  to  meet  handling  quality  requirements  and  to 
increase  antisymmebric  structiural,  mode  9  daa^ping  using  the  ailerons  anti¬ 
symmetrically.  These  signals  were  also  filtered  to  maintain  the  required 
stability  margins.  Handling  quEility  requirements  necessitated  adding  an 
evaluation  pilot  wheel  to  aileron  feedforward  signal  path  peurallel  to  the 
existing  path.  The  gains  changed  with  flight  condition  for  both  the  roll 
and  yaw  axis  and  are  given  in  the  Table  shown  on  Figure  l4. 


LAMS  LONGITUDINAL  FLIGHT  COTTROL  SYSTEM  BLOCK  DIAGRAM 


LAMS  LONGiTUDINAL  AXIS 


LAMS  UTilAl  -  DlliaiONAL 


L/>J>IS-FCS  RATE  GYRO  LOCATIWS 

PTr^rmnn  i 

*•  a.vlv»lU>  JL^ 
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LAMS  LATERAL  DIRECTIOTAL  FLIGHT  CONTROL  SYSTEM  BLOCK  DIAGRAM 


4.0 


SYSTEM  PEBPOEMANCE 


This  section  contains  the  restilts  of  the  flight  demonstration 
pluLse  of  the  LAMS  program.  The  detailed  test  plan  and  testing  accomplished 
are  presented  in  Reference  5. 

4.1  Flutter  Boundary  and  Dynamic  Response  Testing 

The  flutter  boundary  and  dynamic  response  testing  was  conducted 
for  the  following; 

•  The  basic  aircraft  with  hydraulic  controls 

•  Baseline  SAS 

•  The  initial  LAMS-FCS 

•  The  revised  LAMS-FCS  with  different  phasing  for  the  LAMS  spoilers  than 
the  initial  LAMS-FCS. 

4.1.1  Basic  Aircraft  and  Baseline  SAS 

The  basic  aircraft  with  hydraulic  controls  and  the  Baseline  SAS 
configurations  were  required  to  be  flutter  free  over  the  entire  aircraft 
mission  profile.  Five  fuel  configurations  presented  in  Table  I  were 
selected  from  the  proposed  fuel  management  sequence  as  significant  test 
configurations  based  on  past  B-52  C-F  aircraft  testing.  Testing  was 
acconplished  at  21,000  feet  altitude  (the  siltitude  which  yields  the  lowest 
flutter  boTindaries  for  the  critical  modes  of  the  B-52  aircraft). 

The  aircraft  response  was  obtained  through  manual  control  transient 
inputs  to  the  column,  wheel,  and  rudder  pedals.  The  aeroelastic  tramping  and 
frequency  was  evaluated  from  telemetered  signals  displayed  in  the  ground 
station  for  approximately  10  airspeed  points  from  250  to  390  KIAS, 

The  test  results  indicated  that  the  basic  aircraft  with  hydraulic 
controls  and  Baseline  SAS  has  a  satisfeictory  flutter  boundary  for  n-ii  alti¬ 
tudes  £ind  airspeeds  vp  to  and  including  390  KIAS  and  .90  Mach  number  for  the 
fuel  management  sequence  of  the  LAMS  test  vehicle, 

4.1.2  Initial  LAMS-FCS 

Tne  LAMS-FCS  structural  perfonaance  was  evaJ.uated  at  Flight  Con¬ 
ditions  1  and  3  (FC-1  and  FC-3)  as  outlined  in  Section  1,0.  Aeroeltistic 
testing  of  the  LAMS-FCS  was  required  to  assure  aircraft  and  system  stability 
as  follows; 

•  FC-1  was  fi.utter  tested  at  10,000  feet  altitude  from  225  to  365  KIAS  for 
fuel  configurations  1  and  2  of  Table  I. 

•  FC-3  was  tested  at  32,700  feet  altitude  from  200  to  290  KIAS  for  fuel 
configurations  3  and  4  of  Table  I. 


The  aircraft  aeroelastic  response  with  the  LAMS-FCS  engaged  was 
evaluated  following  manual  control  surface  transients  initiated  by  the 
evaluation  pilot  through  the  column,  wheel,'  and  rudder  pedal  controls. 

In  addition,  the  flight  test  engineer  initiated  half  cycle  electrical  con¬ 
trol  transients  into  the  elevators,  ailerons,  and  rudder  at  a  frequency  of 
approximately  4,5  cps  from  the  function  generator.  The  upper  frequency 
limit  of  the  controlled  aircraft  elastic  modes  is  4.0  cps  and  this  vibration 
frequency  is  not  adeqviately  excited  by  the  manual  control  iiq)uts. 

Initial  flights  with  the  LAMS  spoilers  at  a  fixed  bias  of  15° 
resulted  in  an  erratic  25  cps  oscillation  at  the  wing  tip.  Investigation 
and  analysis  indicated  that  the  oscillation  was  caused  by  the  shedding  vor¬ 
tices  from  the  biased  spoilers  which  excited  a  25  cps  wing  tip  torsion  mode. 
The  amplitude  of  the  vibration  was  less  than  .025  inches  double  amplitude 
and  would  not  result  in  structural  damage.  Therefore,  the  aircraft  was 
cleared  to  fly  with  biased  spoilers  and  the  LAMS-FCS  on. 

The  initial  aeroelastic  tests  of  the  LAMS-FCS  encoimtered  marginal 
stability  for  a  3cps  symmetric  body  and  wing  bending  mode  while  tiiel  con¬ 
figuration  3  was  being  evaluated.  The  problem  occurred  at  270  KIAS  and 
required  a  50  percent  reduction  in  spoiler  gain  before  testing  could  be 
completed  to  290  KIAS,  In  addition,  the  first  wing  bending  mode  at  1  cps 
was  degraded  by  the  LAMS-FCS  as  shown  in  Figure  15. 

To  evaluate  the  problems  noted  above,  dynamic  response  testing  was 
accomplished  using  the  function  generator  to  excite  the  LAMS  spoilers  at 
various  amplitudes  and  frequencies  from  1  to  4  cps.  The  airframe  response 
data  resulting  from  the  spoiler  testing  helped  to  define  a  phasing  problem 
in  the  LAMS-FCS  spoilei  loop.  With  this  information,  additional  analyses 
were  conducted  as  described  in  Reference  4  .  The  LAI<IS-FCS  hardware  was 
revised,  based  on  the  analytical  results,  to  provide  25  degrees  of  lead  for 
the  first  structural  mode  and  20  degrees  of  lead  for  the  sixth  structural 
mode  in  addition  to  that  in  the  initial  LAMS-FCS, 

4.1.3  Revised  LAMS-FCS 

The  revised  LAMS-FCS  required  flutter  testing  at  the  design  condi¬ 
tions,  Retesting  consisted  of  the  same  testing  outlined  in  paragraph  4.1,2. 
The  test  results  showed  that  the  aircraft  had  an  adequate  flutter  boundary 
for  fuel  configurations  1  and  2  (FC-l)  and  fuel  configuration  3  (FC-3).  Also, 
dynamic  response  testing  was  accomplished  to  evalxiate  the  revised  LAMS-FCS 
performance.  A  typical  response  is  shown  for  the  first  wing  bending  mode. 
Figure  l6,  and  corroborates  the  analyses  frequency  and  damping  required  to 
provide  the  predicted  structural  performance. 

It  should  be  noted  that  the  revised  LAMS-FCS  stability  was  inade¬ 
quate  for  fuel  configuration  4  at  280  KIAS.  However,  the  LAMS  system  was 
not  further  modified  because  fuel  configuration  4  is  considerably  below  the 
design  condition  gross  weight,  arid  based  on  the  dynamic  response  test  re- 
siilbs  noted  above,  the  LAMS  system  was  functioning  coi-rectly  at  the  design 
flight  conditions. 
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Based  on  the  results  of  the  testing  it  is  concluded  that  the  re¬ 
vised  LAtG-FCS  has  an  adequate  flutter  boundary  for  the  altitude,  airspeeds, 
and  gross  weights  presented  in  Figure  4. 

4 ,2  Aerodynajnic  Evaluation 

4.2.1  Handling  Qualities  Flight  Test  Resiilts 

The  effect  of  the  Baseline  SAS  and  the  LAl-B-FCS  on  the  siircraft 
handling  qualities  was  evaluated  by  obtaining  time  history  response  data 
for  the  short  period,  Dutch  roll,  roll  subsidence,  and  spiral  modes.  Tliis 
section  discusses  this  data  and  compares  it  to  predicted  analytical  results 
where  possible. 

4. 2. 1.1  Dutch  Roll 

Dutch  roll  frequency  and  daH?)ing  valuet  were  obtained  by  exciting 
the  aircraft  with  a  three  cycle  sine  wave  rudder  input  from  the  function 
generator.  Data  was  obtained  for  the  basic  aircraft,  the  Baseline  SAS,  and 
the  LAMS  flight  control  system.  Flight  test  data  is  con^wred  to  the  pre¬ 
dicted  values  on  the  Dutch  roll  criterion  plot  in  Figure  5. 

Satisfactory  Dutch  roll  handling  qualities  were  obtained  with  the 
Baseline  SAS,  Test  results  exceed  the  design  requirement.  The  flight  test 
Dutch  roll  dan5)ing  ratio  with  LAMS  was  lower  than  analytical  results  by 
approximately  ,075  for  both  flight  conditions  tested.  However,  the  Dutch 
roll  frequency  agreed  well  with  the  predicted  value.  It  is  noted  that  al¬ 
though  the  LAMS  flight  control  system  exceeded  the  handling  qualities 
requirements  for  normal  operation,  it  did  not  meet  the  turbulence  boundary 
criterion  for  Plight  Condition  1  smd  was  only  marginal  for  Flight  Condi¬ 
tion  3. 

4. 2. 1.2  Short  Period 

Short  period  response  data  was  obtained  in  a  manner  similar  to  the 
Dutch  roll  data  in  that  a  sine  wave  elevator  input  was  used  to  excite  the 
aircraft.  An  attenpt  was  made  to  obtain  values  for  the  short  period  fre¬ 
quency  and  damping  from  free  aircraft  flight  test  response  data.  Such 
methods  as  the  maximum  slope  and  others  based  on  second  order  response  were 
tried.  However,  the  short  period  damping  was  very  high  with  higher  order 
effects  present  in  the  response,  and  reasonable  values  could  not  be  obtain¬ 
ed,  The  actual  pitch  rate  responses  are  shown  on  Figures  17  through  19. 

The  anplitude  and  frequency  of  the  forced  and  unforced  response  for  both  the 
Baseline  SAS  and  the  LAMS-FCS  did  not  change  appreciably,  and  basic  aircraft 
short  period  handling  qualities  were  not  degraded, 

4. 2. 1.3  Roll  Response 

The  roll  axis  handling  qxialities  were  specified  such  that  the  roll 
time  constant  shoiild  be  less  than  two  seconds.  The  table  on  page  56, 
presents  the  roll  time  constant  data  obtained  from  flight  test  as  conroared 
to  predicted  values  for  all  three  aircraft  configurations,  i.e.,  basic  air¬ 
craft,  Baseline  SAS,  and  the  LAMS  flight  control  system.  Agreement  is  good 
for  all  test  conditions  and  all  time  constants  are  well  within  the  specified 
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two  seconds.  Flight  test  data  vras  not  obtained  for  Flight  Condition  2  vrith 
the  LAI6  flight  control  system  operating. 


BASIC 

AIRPLANE 

BASELINE 

SAS 

LAMS  FLIGHT 
CONTROL  SYSTEM 

FLIGHT 

CONDITION 

ANALYSIS 

FLIGHT 

TEST 

ANALYSIS 

FLIGHT 

TEST 

ANALYSIS 

FLIGHT 

TEST 

1 

1.05 

1.0 

1.07 

.99 

1,16 

1.13 

2 

1.05 

.99 

1.05 

.92 

1.70 

3 

1.05 

1.22 

1.33 

1.06 

1.50 

1.34 

k,2,l,h  Spiral  Mode  Stability 

The  design  requirement  for  the  spiral  mode  stability  was  that,  in 
the  cruise  configuration,  the  roll  amplitude  .shall  not  double  in  less  them 
20  seconds.  Spiral  mode  testing  indicated  that  the  aircraft  was  well  within 
the  requirement  in  that  it  exhibited  essentially  neutral  stability. 

4,2.2  Control  Surface  Effectiveness  Results 

To  evaluate  the  effectiveness  of  the  control  sxirfaces  on  the  LAMS 
aircraft,  control  effectiveness  data  was  obtained  diiring  the  flight  test. 
Ibis  section  discusses  this  data  and  con^eires  it  to  predicted  analytical 
results.  Data  for  Flight  Condition  1  is  shown  as  typical}  however,  similar 
and  additional  data  can  be  found  in  Reference  6, 

4. 2. 2.1  Symmetrical  Spoiler  Effectiveness 

Longitudinal  effectiveness  data  for  the  LAMS-FCS  spoilers  was  ob¬ 
tained  by  trimming  the  pitching  moment  produced  by  symmetrical  spoiler 
deflection  with  elevator.  Flight  test  data  as  well  as  a  con5>arison  with 
analytical  results  is  shown  in  Figure  20, 

There  was  no  wind  tunnel  data  available  for  the  two  outbo6u:d  spoil¬ 
er  segments  and  their  effectiveness  was  difficult  to  estimate.  However,  the 
comparison  indicates  that  the  predicted  pitching  moment  produced  by  the 
LAMS-FCP  spoiler  was  conservative,  i.e,  the  flight  test  data  shows  that  it 
takes  more  elev»,tor  than  predicted  to  trim  spoiler  pitching  moment, 

4. 2. 2. 2  Symmetrical  Aileron  Effectiveness 

The  LAMS-FCS  requires  symmetrical  aileron  cperation  eind  through 
electrical  command,  the  LAMS'  test  bed  has  this  miique  capability.  To  help 
assess  symmetrical  aileron  effectivity,  aileron-elevator  trades  were  con¬ 
ducted.  Data  obtained  from  test  is  plotted  in  Figure  21.  A  conparison 
with  the  predicted  anedyticeil  result  shows  the  predicted  to  be  conservative. 


-0-  Flight  Test  Results 
-  -  -  Analytical  Results 
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SYMMETRICAL  AILERON  EFFECTIVENESS 
FLIGHT  CONDITION  1 


FIGURE  21 


Like  the  symmetrical  spoiler  trades,  the  flight  test  data  shows 
that  it  requires  more  elevator  than  predicted  to  trim  aileron  deflections, 

4. 2.2. 3  Spoiler  Roll  Respor^e 

Spoiler  roll  response  data  was  obtained  for  the  roll  control  pro¬ 
vided  by  the  five  inboard  spoiler  panels.  The  two  outboard  LAMS  spoilers 
were  retracted  in  the  wing  and  the  ailerons  were  deactivated. 

Typical  data  is  plotted  in  Figure  22  for  LAMS  Flight  Condition  1, 
Steady  state  roll  rate  is  plotted  as  a  function  of  wheel  deflection. 

Predicted  Flight  Condition  1  data  is  compared  to  the  flight  test 
data.  The  predicted  steady  state  roll  rate  was  calculated  using  the  average 
inbo8u:d  and  outboard  spoiler  positions, 

4.2. 2. 4  Aileron  Roll  Response 

Aileron  roll  response  data  is  shown  plotted  in  Figure  23.  Steady 
state  roll  rate  is  plotted  as  a  function  of  wheel  deflection.  The  predicted 
aileron  roll  rate  was  obtained  by  calculating  the  maximum  steady  state  roll 
rate  and  assvnning  the  steady  state  roll  rate  to  be  linear  with  aileron 
deflection, 

4.2.2. 5  Elevator  Effectiveness 

Elevator  effectiveness  data  was  obtained  by  trading  stabilizer  for 
elevator  in  increments  of  elevator  from  full  forward  and  full  aft  column. 
This  data  is  plotted  in  Figure  24,  A  comparison  of  flight  data  with  the 
predicted  linear  derivative  (dS/dA^)  for  Flight  Condition  1  is  also  shown. 

Coanparing  the  slopes  of  the  linear  portion  of  each  curve  (dS/d8g), 
the  analytical  slope  is  slightly  higher  than  flight  data.  The  analytical 
data  relates  equivalent  elevator  deflection  including  elastic  effects, 
whereas  the  test  data  is  for  elevator  deflection  adjacent  to  the  elevator 
actuator. 

4. 2.2. 6  Rudder  Effectiveness 

Rudder  effectiveness  data  weus  obtained  by  establishing  steady  state 
sideslip  angles  using  the  rudder.  Ailerons  were  used  to  counteract  roll  due 
to  rudder  or  sideslip.  This  data  (^vs^^.)  is  plotted  on  Figure  25. 

The  predicted  linear  slope,  obtained  from  the  yawing  moment  stabil¬ 
ity  derivatives  C^j  and  C^j  ,  is  lower  than  the  flight  data.  The  predicted 
slope  was  calculated  assuming  that  all  the  roll  due  to  rudder  or  sideslip 
held  been  trinmed.  Also,  the  predicted  data  relates  eqxxivalent  rudder  de¬ 
flection,  whereas  the  test  data  is  for  rudder  deflection  adjacent  to  the 
rudder  actuator. 
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4.3 


structural  Response  to  Turbulence 


Bie  LAMS  B-52  flight  test  was  designed  to  evaluate  control  systaa 
performance  during  fli^t  through  random  atmospheric  turbulence.  Perfor¬ 
mance  parameters  considered  were  fatigue  damage  rates,  maximum  e:qpected 
stresses  and  rms  accelerations.  The  random  nature  of  atmospheric  turbu¬ 
lence  required  analysis  and  experimental  data  to  be  derived  by  statistical 
techniques.  Data  is  presented  in  a  form  which  permits  direct  con^arison  of 
flight  test  data  with  analytical  results. 

4.3.1  Data  Collection  and  Reduction 

Hie  test  data  presented  in  this  section  is  from  two  fli^t  tests, 
#54-15  and  #54-18,  Both  tests  included  ten-minute  data  collection  runs  in 
each  of  the  following  configurations: 

•  Basic  aircraft 

•  Baseline  SAS  on,  all  axes 

•  LAMS  flight  control  system  on,  all  axes 

The  raw  data  wets  processed  by  ground  equipment  yielding  saapled  tiBK-his- 
tories  (50  saxtples  per  second,  each  channel  synchronized  with  the  others) 
of  vertical  and  lateral  gust  ccmponents,  £iccelerations,  bending  aonents, 
and  control  surface  motions, 

Ihe  responses  (accelerations,  bending  nciBents,  emd  control  surface 
.jotions)  were  then  reduced  to  frequency  response  functions.  Frequency 
response  functions  are  independent  of  the  iigmt  spectrum,  and  can  be  cca^ 
pared  for  various  flight  segments  even  thou^  gust  environments  of  ijidivi- 
dual  sasples  were  not  identical.  The  frequency  responses  were  coaputizig 
using  the  cross-spectral  approach. 

where:  T^/  (i'j»)  is  the  cceplex  fre*iueacy  response  of  "r"  with 
respect  to  t>'''  input  "g" 

is  the  cct  le  ross-spectral  density  of 
"r"  and 

*g,g^^®^  is  the  auto-spectral  density  of  the  ii^pnrt  'V' 

Qbe  cross  spectral  method  of  data  reduction  eliminates  mi  response 
information  not  statistically  cc^erent  with  the  selected  gust  ccmpooent  as 
measured  at  the  probe. 


Asstm5)tions  inherent  in  the  turhulence  response  testing  are  that: 

•  The  airframe,  aierodynamics,  actuators,  recorders,  etc„  are  within 
their  linear  ranges 

•  All  gust  measurements  have  an  adequate  signal-to-noise  ratio 

•  Pilot  inputs  are  incoherent  with  gust  ii^uts 

•  Vertical  and  lateral  turbulence  components  are  statistically  independent 

•  The  gust  conponents  everywhere  on  the  aircraft  are  perfectly  coherent 
with  the  respective  gust  conponents  at  the  parobe 

The  linearity  assuoption  is  considered  valid  in  the  range  of  gust  intensities 
investigated.  Signal-to-noise  ratios  for  the  gust  ccoponents  were  estimated 
by  conparing  power  spectral  density  calculations  in  still  air  to  those  in 
turbulence  and  is  presented  in  Section  4.3.2,  Coherencies  between  gust 
conponents  and  between  pilot  and  gust  were  calculated  and  are  presented  in 
Sections  4.3.3  and  4,3.4.  Spaimise  and  time  coherencies  of  the  turbulence 
ccoponents  cannot  be  measured  with  a  sin^e  gust  probe.  Less  than  perfect 
coherence  would  result  in  lowered  frequency  response  aitplitudes  as  conputed 
frooi  the  single-input  cross-spectral  equation,  and  the  apparent  coherency 
between  gusts  at  the  probe  and  response  would  decrease  as  the  wave  length 
of  turbulence  decreased.  Such  an  effect  is  present  in  ail  test  data, 
probabl'j  indicating  the  spanwise  and  timewise  variation  in  the  turbulence 
field,. 


Test  and  theoretical  frequency  response  function  comparisons  are 
presented  in  Sections  4,3.5  and  4.3,6.  Response  spectrum  parameters  A  and 
Mo  response  per  \init  nos  turbulence,  and  characteristic  frequency) 
were  ccoputed  for  the  various  configurations  and  are  presented  in  Section 
4.3.7.  Structural  fatigue  damage  rates  and  peak  stress  calculations  based 
on  these  A‘o  and  Nq’s  are  presented  in  Section  4.3.8  as  a  performance 
measure.  Ci*ew  ccnpartmeat  acceleration  spectra  for  the  three  configurations 
are  presented  in  Section  4.3.9. 

4.3.2  Gust  Signal  to  Mbise  Cooparisons 

Gust  ccnponent  power  spectral  densities  were  ccnputed  from  gust 
probe  data  for  flif^t  in  turbulence  and  for  flight  in  stiU  air.  The 
conparison  of  results  gives  an  estimate  of  signal-to-noise  ratio  for  the 
gust  measurement  which  is  the  irput  to  the  flight  test  frequency  response 
calculations. 

Fi,gure  26  presents  the  results  for  test  #54-15.  Both  vertical  gust 
and  lateral  gust  measurements  were  larger  than  the  still  air  measmanients  by 
at  least  a  factor  of  ten  between  0,2  cps  and  7.0  cps.  The  turbulence 
measurements  by  at  least  a  factor  of  ten  between  0,2  cps  and  7.0  cps.  The 
turbulence  measurements  were  100  times  greater  than  the  still  air  measure¬ 
ments  between  0.2  cps  and  2.0  cps. 

This  level  of  signal  to  noise  ratio  was  considered  adequate  for 
definition  of  the  gust  enviz-onment. 
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4,3*3  Coherency  of  Pilot  Ii^iuts  vs,  Gtists 

The  control  siarface  rms  motions  diiring  the  basic  aircraft  tests 
were  in  seme  ceises  as  large  sis  the  rms  control  surfaces  motions  during  the 
LAMS-FCS  and  Bsiseline  SAS  runs.  Hie  raw  time-history  response  data  was 
therefore  contaminated  by  pilot  inputs.  The  cross-spectral  analysis  of  the 
data  performed  for  this  report  removes  the  pilot  effects,  leaving  only  the 
time  correlated  gust  response  data,  provided  that  the  pilot  inputs  sire 
Incoherent  with  the  gust  coo^nents. 

Figure  2?  presents  the  coniputed  coherencies  between  gust  velocity 
smd  control  surface  displacement  for  the  basic  aircraft  configuration  from 
flight  test  #54-15.  The  coherencies  were  considered  low  enough  to  assure 
isolation  of  the  gust-response  data. 

4,3,4  Gust  Spectra  and  Coherency 

Gust  spectral  density  results  are  presented  in  Figure  28  for  the 
six  turbulence  tests— two  conditions  each  for  basic  aircraft,  Baseline  SAS, 
and  LAMS-FCS,  The  plotted  data  are  normalized  to  1  ft/sec  rms,  Bie  actual 
rms  gust  coo^onent  velocities  for  the  six  flights  are  tabulated  below. 
Vertical  gusts  were  somewhat  more  severe  than  lateral  gusts,  as  is  typical 
of  moderate  turbulence  during  low  altitude  flight  over  the  plains. 


MEASURED  GUST  ‘s  -  FT/SEC 
TEST  54-15  TEST  54-18 


Beisic 

Baseline 

LAMS 

Basic 

Baseline 

LAMS 

Vertical 

Gust 

4.453 

4.501 

4.245 

3.6o4 

4.003 

4.205 

Lateral 

Gust 

3.012 

2.967 

3.326 

3.248 

3.286 

3.846 

Both  the  analysis  and  the  test  planning  assumed  that  the  vertical 
and  lateral  gust  components  would  be  incoherent  with  each  other.  Figure  29 
shows  the  test  cobereocies  were  indeed  very  low. 

4.3.5  Frequency  Responses  to  Vertical  Gusts 

This  section  contains  frequency  response  aaplitude  plots  due  to 
vertical  gusts  obtained  from  the  two  turbulence  flight  tests.  The  plots 
are  arranged  to  provide  visual  coqmrlsons  of  the  three  aircraft  config¬ 
urations:  the  LAMS-FCS,  Baseline  SAS  and  Basic  aircraft.  Similar  plots 
of  theoxetical  responses  are  included. 
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Figures  30  through  44  contain  responses  of  body  and  stabilizer 
vertical  bending  moment,  wing  vertical  and  chordwise  bending  moments,  body 
verticeil  accelerations,  and  control  surface  motions.  These  contain  only 
the  test  data  which  was  statistically  coherent  with  the  vertical  gust. 

Without  referring  to  specific  figures,  some  general  conclusions 
can  be  drawn: 

•  Conei^-ency  of  results  between  the  two  tests  is  remarkably  good 

•  Relative  perf'omance  of  the  LAJ6-FCS,  Baseline  SAS,  and  basic  aircraft 
is  simila:.'  to  that  predicted  theoretically 

•  The  in?)ortani;  features  of  the  responses  are  similar  to  the  theoretical 
predictions  throughout  the  frequency  range  tested 

All  of  the  test  frequency  response  functions  showed  a  roll-off  of 
amplitude  vs.  frequency.  An  example  of  this  is  evident  if  F''  gure  32.  This 
was  a  direct  result  of  a  reduced  coherency  with  increasing  frequency.  The 
most  likely  cause  is  a  reduced  coherency  between  verticeil  gust  components 
at  various  locations  across  the  span  of  the  aircraft  wing. 

An  important  contribution  of  the  LAMS-FCS  is  reduced  wing  vertical 
bending  moment.  The  effect  is  clearly  shown  at  the  short  period  and  1st 
bending  frequencies.  Figures  33>  35>  and  37.  The  control  surface  activity 
required  to  attain  the  sti-uctural  performance  is  presented  in  Figures  42, 

43,  and  44, 

4.3»6  Frequency  Responses  to  Lateral  Gusts 

This  section  contains  plots  of  frequency  response  amplitude  due  to 
the  lateral  component  of  the  raeasiired  turbulence.  Data  is  presented  from 
two  turbulence  flight  tests  and  theoretical  calculations.  As  in  Section 
4.3.5  (response  to  vertical  gusts)  the  plots  are  arranged  to  provide  com¬ 
parison  of  the  LAMS-FCS,  Baseline  SAS  and  basic  aircraft. 

Figures  45  throx;igh  59  contain  responses  of  vertieeQ.  tail  and  fuse¬ 
lage  side  bending  moments,  stabilizer  vertical  bending  moment  (antisymmetric) 
wing  vertical,  and  fore  and  aft  bending  moments,  body  side  acceleration,  and 
cciitrol  surface  motions,  Thes'j  were  obtained  from  cross-spectral  analysis 
of  the  test  data  so  that  only  the  responses  coherent  with  the  lateral  gust 
counponent  remain, 

Tiie  general  conv,lusions  noted  in  Section  4.3,5  apply  in  this 
section.  All  of  the  basic  aiircraft  responses  include  an  apparent  coherency 
loss  at  the  Dutch  roll  peak.  The  half -power  bandwidth  of  Dutch  roll  for  the 
basic  aircraft  is  about  ,025  cps  (estimated  from  Dutch  roll  damping  measured 
in  handling  qualities  tests).  The  fj'^quency  resolution  of  the  data  reduc¬ 
tion  system  was  ,04o  cps  and  the  cenputed  coherency  of  Dutch  roll  to  lateral 
gust  was  reduced  by  ,025/, 040,  or  about  60  percent.  The  true  frequency- 
response  peaks  for  the  basic  aircraft  Dutch  roll  frequency  are  greater  than 
the  peaks  shown  by  a  factor  of  approximately  2,5,  Responses  at  all  other 
frequencies  (with  the  LAJC-FCS  or  Baseline  SAS,  at  all  frequencies,  includ¬ 
ing  Dutch  roll)  were  adequately  defined  by  the  cross-spectral  analysis. 
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FIGURE  37 
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IBEODENCf  RESPONSE  PVNCTION 
(AMFLITUl^  -  SQUARED) 

Body  Station  860 


Vertical  Acceleration 

DDE  TO  VERTICAL  GUST 

- NO  SAS 

- --BASELINB  SAS 

- LAMS  FLIfflT  CONTROL  SYSTEM 


0  1  2  3  4  5  6  7 

FREQUENCY- CrS 


FIGURE  40 


i 


n«09tETICAl 


FBEOUENCY  RESPONSE  RJNCTION 
(AMPLITOM!  -  SQUARED) 

Aileron  Angular  Displacement 


DDE  TO  VERTICAL  GUST 

- NO  SAS 

- -BASELINE  SAS 

- LAMS  FLICHT  CONTROL  SYSTEM 


FlttQUeNCY-C»S 


FIGURE  43 
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The  general  performance  of  the  Baseline  SAS  and  LAMS-FCS  in  lateral 
turbulence  was  similar  to  that  predicted  as  verified  by  the  following  fig¬ 
ures.  The  control  surface  activity  required  to  obtain  the  structural  per¬ 
formance  is  presented  in  Figures  58  and  59. 

^.3.7  Spectral  Parameters  "A"  and  "N^^" 

This  section  presents  the  gust  response  parameters  "A"  and  "Nq" 
(normalized  rms  response  and  characteristic  frequency)  from  the  two  tiirbu- 
lence  flight  tests,  5^-15  and  5^-18.  The  data  is  arranged  to  show  the 
relative  performance  of  the  three  aircraft  configurations:  LAMS-FCS, 

Baseline  SAS,  and  basic  aircraft. 

In  Figures  60  through  65,  test  "A"  values  are  plotted  on  graphs 
of  theoretical  "A"  values  for  the  wing  and  body,  Kie  figures  show  "A" 
values  computed  from  the  raw  time-history  data,  coherent  (with  gust)  values 
based  on  test  frequency  response  functions,  and  the  theoretical  gust  spec¬ 
tral  density.  The  following  observations  can  be  made: 

•  "A"-values  obtained  by  the  two  methods  (raw  data,  cross-spectral 
analysis)  generally  bracket  the  predicted  response 

•  Comparing  tests  5^-15  ad  5^-18,  the  cross-spectral  "A"-  values 
are  in  better  agreement  than  are  the  raw  data  "A"  values 

The  cross  spectral  "A"  values  are  lower  than  the  predicted  as  a 
result  of  the  following.  Tlie  coherent  data  reduction  method  reduces  the 
response  due  to  pilot  inputs  (the  primary  reason  for  requiring  coherent 
data  reduction) ,  In  addition,  there  is  a  lack  of  coherency  between  gust 
components  at  the  gust  probe  and  various  points  on  the  aircraft  for  the 
higher  frequencies  further  reducing  the  response  functions.  The  summation 
of  these  two  effects  results  in  responses  below  that  predicted.  Also,  for 
the  basic  aircraft  configuration  only  about  60  percent  of  the  Dutch  roll 
contribution  to  rms  load  was  lost  because  of  the  bandwidth  of  the  data  re¬ 
duction  process  (see  the  discussion  in  Section  4,3.6), 

Additional  normalized  rms  response  ("A")  values  sxe  presented  in 
Tables  VII  through  XII.  Tables  XIII  through  XVI  contain  test  and  theoretical 
characteristic  frequency  ("Nq")  values  for  all  of  the  fli^t  test  responses, 

4,3.8  Extrapolated  Peak  Load  and  Fatigue  Damage  Corapea-isons 

The  aircraft  with  Baseline  SAS  is  representative  of  current  de¬ 
signs.  Comparisons  in  this  section  are  between  the  performance  of  the 
LAMS-FCS  and  Baseline  SAS,  Computations  are  based  on  combined  vertical 
and  lateral  gusts. 

Estimates  of  structural  performance  of  the  LAMS  B-52  with  LAMS-FCS 
and  Baseline  SAS  were  made  using  flight  test  "A"  and  "N  "  parameters.  The 
"A"  and  "Nq"  values  used  were  the  average  of  those  obtained  from  Tests 
54-15  and  54-18  using  cross-spectrum  frequency  response  data  with  a  theoret¬ 
ical  gust  spectrum. 
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FIGURE  6l 
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FIGURE  62 
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FIGURE  63 
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TABLE  VII 
VERTICAL  GUST  A'S 

RAW-TIME  HISTORY  DATA 


TEST  5415 

TEST  5418 

RESPONSE 

UNITS 

BASIC 

BASELINE 

LAMS 

BASIC 

BASELINE 

LAMS 

Verti  Accel. 
B.S.  172 

fils 

EPS 

.0296 

.0325 

.0349 

.0380 

.0332 

.0354 

Vert.  Accel. 
B.S.  860 

g's 

EPS 

.0243 

.0275 

.0294 

.0312 

.0277 

.0306 

Vert.  Accel. 
B.S.  1655 

g's 

EPS 

.0339 

.0377 

.0417 

.0439 

.0395 

.0433 

Aileron 

Displacement 

H!G. 

EPS 

.0328 

.0426 

.0989 

.0436 

.0404 

.105 

Spoiler 

Displacement 

nsG. 

EPS 

.0147 

.0154 

.833 

.0157 

.0141 

.704 

Elevator 

Displacement 

TtEG. 

EPS 

.0706 

.112 

.140 

.156 

.0863 

.147 

VBM 

W.S.  222 

lO^IN-LB 

EPS 

.679 

.717 

.645 

.833 

.73'S 

.636 

CBM 

W.S.  222 

lO^IN-LB 

EPS 

.140 

.153 

.201 

.182 

.169 

.195 

vm 

W.S.  820 

lO^IN-LB 

EPS 

.149 

.164 

.138 

.198 

.170 

.147 

CBN 

W.S.  820 

lO^IN-LB 

EPS 

.0471 

.0516 

.0686 

.0586 

.053B 

.0604 

VBM 

W.S.  974 

lO^IN-LB 

EPS 

.0746 

.0824 

.0806 

.0993 

.0836 

.0844 

CBM 

W.S.  974 

io^in-lb 

EPS 

.0168 

.0174 

.0311 

.0254 

.0167 

.0197 

VBM 

B.S.  1222 

I061N-LB 

EPS 

.196 

.207 

.247 

.245 

.219 

.232 

VBM 

B.S.  1412 

lO^IN-LB 

EPS 

.127 

.135 

.164 

.152 

.132 

.145 

VBM 

S.B.L.  56 

I061N-LB 

EPS 

.0302 

.0325 

.0433 

.0396 

-0362 

.0442 
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TABLE  VIII 
VERTICAL  GUST  A»S 


A* 8  calculated  using: 

•  Cross-spectrum  derived  frequency  response  functions 

•  Theoretical  gust  speetjw 


aEaL.5ilJ _  TEST  5418 


RESPONSE 

UNITS  BASIC 

BASELINE 

IANS 

BASIC 

BASBLINE 

LAMS 

Vert.  Accel. 
B.S.  172 

&I2.  .0212 

FPS 

.0207 

.0201 

.0227 

.0213 

.0211 

Vert.  Accel. 
B.S.  860 

.0219 

.0215 

.0242 

.0216 

.0230 

Vert.  Accel. 
B.S.  1655 

.0288 

.0284 

.O3O8 

.0280 

.0299 

Aileron 

Displacement 

ros‘  ‘«^25 

.0151 

.0198 

.0156 

.0148 

.0200 

Spoiler 

Displacement 

0017 

FPS  * 

.0019 

.509 

.0017 

.0018 

.453 

Elevator 

Displacement 

.0171 

FPS 

.0281 

.0725 

.0516 

.0199 

.0684 

VBM 

W.S.  222 

I061N-LB  ,602 
FPS 

.556 

.459 

.611 

.545 

.452 

CBM 

W.S.  222 

10«IN-LB  .0683 
FPS 

.0655 

.0813 

.0552 

.0688 

.0735 

VBM 

W.S.  820 

lO^lN-LB 

FPS 

.127 

.0982 

.147 

.128 

.105 

CBM 

W.S.  820 

loS^LB  .0220 
FPS 

.0227 

.0327 

.0190 

.0220 

.0265 

VBM 

W.S.  974 

I061N-LB  ,0^5;, 
FPS 

.0629 

.0576 

.0737 

.0636 

.0608 

CBM 

W.S.  974 

.0066 

FPS 

.0062 

.0142 

.0057 

.0060 

.0081 

VBM 

B.S.  1222 

FPS 

.115 

.125 

.111 

.115 

.116 

VBM 

B.S.  1412 

lO^IN-LB  0712 
FPS  ’  ^ 

.0695 

.0778 

.0626 

.0651 

.0669 

VBM 

S.B.L.  56 

106iN-IS  0280 
FPS 

.0269 

.0322 

.0306 

.0276 

.0335 

95 


TABLE  IX 

VRRTTCAL  grjst  a»s 
theoretical 


lams  FLI(2IT  condition  1 

(350000  LBS,  350  KTS  EAS,  4000  FT) 


ItfiSPONSE 

units  basic  . 

baseline 

LAMS 

Vert.  Accel. 
B.S.  172 

^  *0259 

FPS 

.0252 

.0236 

Vert.  Accel. 
B.S.  860 

.0260 

.0263 

Vert.  Accel. 

B.S.  1655 

.0411 

.0411 

Aileron 

Displacement 

.000 

FPS 

.000 

.039 

Spoiler 

Displacement 

5®5i.  .000 

FPS 

.000 

.616 

Elevator 

Displacement 

.000 

FPS 

.033 

.072 

Vttf 

W.S.  222 

106  IN-LB 

FPS 

.677 

.537 

CEM 

W.S.  222 

106  IN-LB 

FPS 

.215 

.216 

v»i 

W.S.  820 

106  IN-LB  lyn 
FPS 

.161 

.119 

CBH. 

W.S.  820 

106  IN-LB  n/.«i 
FPS 

.0482 

.0427 

VBM 

W.S.  974 

106  IN-LB  0895 
FPS 

.0840 

.0684 

CBM 

W.S.  974 

106  IN-LB  0167 
FPS 

.0166 

.0154 

VBM 

B.S.  1222 

lo6  IN-LB  ,Qo 
FPS 

.186 

.226 

\m 

B.S.  1412 

106  IN-LB  ni 
FPS 

.116 

.147 

VBM 

S.B.L.  56 

106  IN-LB  0427 
FPS 

.0411 

,0463 
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TABLE  X 

LATERAL  GUST  A*S 


RAW-TIME  HISTOBY  DATA 


RRgpnMcp 

TEST  341*? 

TEST  3418 

AMJ  lJX  \/IM  £m*j 

UNITS  BASIC 

BASELINE 

jLm. 

BASIC 

BASELINE 

~lSSs” 

Side  Accel. 
B.S.  172 

*0213 

.022k 

.0224 

.0212 

.0205 

.0199 

Side  Accel. 
B.S.  860 

.0092 

.0088 

.0090 

.0097 

.0078 

.0081 

Side  Accel. 
B.S.  1655 

m  *^395 

.0371 

.0354 

.0384 

.0362 

.0356 

Aileron 

Displacement 

ir  -273 

.486 

.532 

.296 

.292 

.444 

Rudder 

Displacement 

128 

pps 

.147 

.114 

.114 

.132 

.0826 

VBM 

Vf.S.  222 

ip6lN-LB 

EPS  * 

.168 

.180 

.182 

.142 

.155 

CfiH 

W.S.  222 

IO^in-LB 

FPS 

.413 

.396 

.496 

.387 

.362 

VBM 

W.S.  820 

.0751 

FPS 

.0790 

.0787 

.0765 

.0682 

.0668 

C»I 

W.S.  820 

I061N-LB 

PPS  -0933 

.0798 

.0851 

.0908 

.0698 

.0722 

VBM 

W.S.  974 

I061N-LB  _ 

FPS 

.0452 

.0462 

.0438 

.0383 

,0386 

CBM 

W.S.  974 

iofilN-LB 

FPS  .0270 

.0253 

.0321 

.0292 

.0251 

.0234 

S£M 

B.S.  1222 

lO^IN-LB 

FPS 

.484 

.475 

.636 

.441 

.418 

SEM 

B.S.  1412 

io^in-lb 

FPS  *3^9 

.261 

.260 

.361 

.243 

.227 

VBM 

S.B. L.  56 

io6in_lb 

.0292 

.0322 

.0448 

.0282 

.0289 

SBK 

F.S.  135 

lO^IN-LB 

FPS  *^'*9 

.104 

.110 

.162 

.101 

.0993 
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TABIiE  XI 
LATERAL  GUST  A'S 


A* 8  calculated  using: 

c  Cross-spectrum  derived  frequency  response  functions 
•  Theoretical  gust  spectrum 


.JTEST  5415 

TEST  5418 

RESPONSE 

UNITS 

BASIC 

BASELINE 

IaMS 

BASIC 

.  baseline  . 

LAMS 

Side  Accel. 
B.S.  172 

FPS 

.0055 

.0061 

.0065 

.0064 

.0070 

=  0059 

Side  Accel. 
B.S.  860 

g'3 

FPS 

.0046 

.0043 

.0045 

.0049 

.0044 

.0043 

Side  Accel. 
B.S.  1655 

Ell 

FPS 

.0191 

.0188 

.0188 

.0200 

.0213 

.0196 

Aileron 

Displacement 

DEG. 

FPS 

.0429 

.0602 

.261 

.0400 

.0861 

.239 

Rudder 

Displacement 

DEG. 

FPS 

.0199 

.102 

.0744 

.0086 

.104 

.0607 

VBM 

W.S.  222 

106  IN-LB 
FPS 

.0921 

.0860 

.0949 

.0937 

.0848 

.0926 

CBM 

W.S.  222 

io6  in-lb 

FPS 

.281 

.262 

.256 

.296 

.277 

.243 

VBM 

W.S.  820 

106  IN-LB 
FPS 

.0248 

.0139 

.0159 

.0271 

.0188 

.0168 

CH4 

W.S.  820 

106  IM_LB 
FPS 

.0504 

.0448 

.0461 

.0494 

.0456 

.0434 

VBM 

W.l  974 

106  IN-IB 
FPS 

.0153 

.0077 

.0097 

.0156 

.0116 

.0091 

CBM 

W.S.  974 

106  IN-LB 
FPS 

.0131 

.0119 

.0122 

.0143 

.0143 

.0132 

SBM 

B.S.  1222 

106  IN-liB 
FPS 

.389 

.340 

.341 

.390 

.346 

.315 

SBM 

B.S.  1412 

10*^  IN-LB 
FPS 

.214 

.180 

.183 

.217 

.188 

.163 

VBM 

S.B.L.  56 

10^  IN-LB 
FPS 

.0254 

,0207 

.0229 

.0275 

.0225 

.0224 

SBM 

F.Sc  135 

10^  IN-LB 
FPS 

.0932 

.0769 

,0812 

.0996 

.0821 

.0778 

TABLE  XII 
LATERAL  GUST  A«S 

THEORETICAL 

LAMS  FLIGHT  CONDITION  1 

(350000  LBS,  350  KTS  EAS,  4000  FT) 


RESPONSE 

UNITS 

BASIC 

BASELINE 

LAMS 

Side  Accel. 
B.S.  172 

g*a 

FPS 

.0135 

.0136 

.0123 

Side  Accel. 
B.S.  860 

g'8 

FPS 

.0111 

.0063 

.0066 

Side  Accel . 
D.S.  1655 

g'a 

FPS 

.0302 

.0239 

.0252 

Aileron 

Displacement 

DEG. 

FPS 

.000 

.0439 

.191 

Rudder 

Displacement 

DEG. 

FPS 

.000 

.159 

.1231 

VBM 

W.S.  222 

106  IN-LB 
FPS 

.123 

.0721 

.0843 

CBM 

W.S.  222 

106  IN-LB 
FPS 

.509 

.331 

.339 

VBM 

W.S.  820 

10^  IN-LB 
FPS 

.0457 

.0197 

.0168 

CBM 

W.S.  820 

106  in-lb 

FPS 

.0587 

.0420 

.0419 

VBM 

W.S.  974 

106  IN-LB 
FPS 

.0312 

.0140 

.0138 

CBM 

W.S.  974 

106  IN-LB 
FPS 

.0218 

.0151 

.0153 

SBM 

B-S.  1222 

106  IN-LB 
FPS 

.569 

.378 

.372 

SBM 

B.S.  1412 

106  in-lb 

FPS 

.318 

.232 

.221 

VBM 

S.B.L.  56 

106  IN-LB 
FPS 

,0418 

.0226 

.0259 

SBM 

F.S.  135 

i06  IN-LB 
FPS 

.0789 

.0798 
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TABLE  mi 

VERTICAL  GUST  Nn's  ^  CPS 
Ng's  calculated  using: 

•  Cross-spectrum  derived  frequency  response  functions 

•  Theoretical  gust  spectrum 


TEST  541 5 

TEST  5418 

RESPONSE 

BASIC 

BASELINE 

LAMS 

BASIC 

BASELINE 

LAMS 

Vert.  Accel. 
B.S.  172 

1.242 

1.360 

1.368 

1.188 

1.416 

1.201 

Vert,  Accel. 
B.S.  860 

.552 

.595 

.607 

.504 

.588 

.554 

Vert.  Accel. 
B.S.  1655 

.767 

.810 

.841 

.716 

.845 

.751 

Aileron 

Displacement 

.943 

.755 

2.756 

.754 

.718 

2,117 

Spoiler 

Displacement 

3.113 

3.017 

.780 

3.078 

2.977 

.671 

Elevator 

Displacement 

.744 

.480 

.649 

.331 

.749 

.645 

V»f 

W.S.  222 

.619 

.655 

,686 

.542 

.598 

.628 

CBM 

W.S.  222 

1.980 

1.988 

2.043 

1.928 

2.098 

2.009 

VBH 

W.S.  820 

.507 

.534 

.529 

.447 

.509 

.496 

CBM 

W.S.  820 

1.697 

1.611 

1.373 

1.648 

1.909 

1.355 

VBM 

W.S.  974 

.473 

.503 

.513 

.419 

.492 

.489 

CEM 

W.S.  974 

1.721 

1.751 

1.235 

1.472 

I.8O3 

1.364 

VBM 

B.S.  1222 

1.483 

1.419 

1.298 

1.441 

1.513 

1.139 

VBM 

B.S.  1412 

1.577 

1.511 

1.364 

1.571 

1.629 

1.211 

VBM 

S.B.L.  56 

.725 

.819 

.693 

.665 

.790 

.671 
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TABLE  XIV 


VERTICAL  GUST  S^’a  ^  CPS 
THEORETICAL 


LAMS  FLIGHT  CONDITION  1 

(350000  LBS,  350  KTS  EAS,  4000  FT) 


RESPONSE 

BASIC 

BASELINE 

LAMS 

Vert.  Accel. 
B.S.  172 

2.364 

2.380 

2.487 

Vert.  Accel. 
B.S.  860 

.891 

.925 

.988 

Vert.  Accel. 
B.S.  1655 

1.356 

1.406 

1.458 

Aileron 

Displacement 

— 

— 

3.383 

Spoiler 

Displacement 

— 

— 

.993 

Elevator. 

Displacement 

— 

.702 

.724 

VBM 

W.S.  222 

.709 

.731 

.772 

CBM 

W.S.  222 

2.261 

2.268 

2.289 

VBM 

W.S.  820 

.656 

.681 

.782 

CBM 

W.S.  820 

2.252 

2.260 

2.297 

VBM 

W.S.  974 

.709 

.737 

.913 

CBM 

W.S.  974 

2.035 

2,077 

2-273 

VBM 

B.S.  1222 

1.781 

I.7O8 

1.334 

VBM 

B.S.  1412 

2.066 

1.936 

1.502 

VBM 

S.B.L.  5f> 

.895 

.956 

.880 

lOX 


TABLE  XV 

UTERAL  GUST  NO»S  ^  CPS 
No's  calculated  using: 

•  Cross-spectrum  derived  frequency  response  functions 

•  Theoretical  gust  spectrum 


TEST  54 iq 


RESPONSE 

BASIC 

BASELINE 

Side  Accel. 
B.S.  172 

5.734 

3.798 

Side  Accel. 
B.S.  860 

1.190 

1.501 

Side  Accel. 
B.S.  1655 

1.504 

1.570 

Aile»’on 

Displacement 

.573 

.455 

Rudder 

Displacement 

.711 

.344 

VBM 

W.S.  222 

.651 

.796 

C£N 

W.S.  222 

.936 

1.029 

W.S.  820 

.784 

1.367 

CBM 

W.S.  820 

.847 

.976 

VBM 

W.S.  974 

.744 

1.483 

CBM 

W.S.  974 

.994 

1.155 

SBM 

B.S.  1222 

.694 

.821 

SBM 

B.S.  1412 

.718 

.859 

VBM 

S.B.L.  56 

.656 

.831 

SBM 

F.S.  135 

.583 

.703 

00 

LAMS 

BASIC 

BASELINE 

LAMS 

3.514 

3.630 

3.937 

3.531 

1.587 

1.292 

1.538 

1.595 

1.565 

1.496 

1.579 

1.564 

1.001 

.582 

.295 

1.095 

.407 

1.247 

.310 

.412 

• 

00 

— j 

0 

.581 

.786 

.876 

1.031 

.869 

1.040 

1.047 

2.064 

.738 

1.073 

1.989 

1.128 

.895 

1.018 

1.107 

2.313 

.713 

1.100 

2.205 

1.399 

1.173 

1.267 

1.243 

.761 

.632 

.811 

.753 

.804 

.689 

.849 

.810 

.723 

.621 

.812 

.709 

.^^^69 

.548 

.710 

.673 
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TABLE  XVI 

LATERAL  GUST  N»«8  —  CPS 
THEORETICAL 


LAMS  FLIGHT  CONDITION  1 

(350000  LBS,  350  KTS  EAS,  4000  FT) 


RESPONSE 

BASIC 

BASELINE 

LAMS 

Side  Accel. 
B.S.  172 

3.859 

3.833 

3.839 

Side  Accel. 
B.S.  860 

.830 

1.424 

1.313 

Side  Acce] . 
B.S.  1655 

1.529 

1.895 

1.822 

Aileron 

Di  aplacement 

— 

.286 

2.269 

Rudder 

Di  aplacement 

— 

.291 

.304 

VM 

W.S.  222 

.447 

.715 

.728 

CBM 

W.S.  222 

.636 

.941 

.934 

VBM 

W.S.  820 

.520 

1.108 

2.296 

CBM 

W.S.  820 

1.261 

1.752 

1..593 

VBM 

W.S.  974 

.432 

.841 

2.589 

CBM 

W.S.  974 

1.368 

1.960 

1.794 

SBM 

B.S.  1222 

.530 

.780 

.770 

SBM 

B.S.  1412 

.644 

.884 

.893 

VBM 

S.B.L.  56 

.636 

1.124 

J.070 

SBM 

F.S.  135 

.448 

.719 

.707 
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Table  II  shows  peak  incremental  stress  ratios,  LAMS-FCS  to  Baseline 
SAS,  for  an  exceedsince  expectation  of  once  per  1000  hours  of  contour  low- 
level  flying.  Agreement  of  the  test  restilts  with  theoreticeJ.  predictions 
is  considered  very  good. 

Table  III  presents  fatigue  damage  rates  computed  from  the  test  "A" 
and  "Nq"  values.  Data  conpares  the  LAMS-PCS  to  the  Baseline  SAS.  Agreement 
with  predicted  values  is  excellent  for  the  wing.  Test  data  shows  that  the 
LAMS-FCS  performance  was  somewiiat  better  than  predicted  for  the  fuselage  and 
fin.  Stabilizer  damage  rate  was  greater  than  predicted,  but  is  still  accep¬ 
table  at  only  about  1  percent  of  the  inboard  wing  damage  rates. 

4.3*9  Crew  Compartment  Acceleration  Spectral  Density 

The  crew  compartment  acceleration  transfer  functions  presented  in 
4.3*5  have  been  multiplied  by  the  theoretical  vertical  gust  spectral  density 
to  obtain  the  graphs  in  Figure  66  .  It  is  apparent  thac,  the  amplitude  of 
the  rigid  body  response  at  .25  cps  was  diminished  by  the  Baseline  SAS  and 
even  more  by  the  LAMS-FCS.  The  predicted  increase  in  frequency  of  the  body 
mode  frcm  2.7  cps  to  3-0  cps)  due  to  the  LAMS-FCS  is  also  shown  by  the  test 
data. 


AC-CFIERATION  PSO-^gVCPS  ACCELERATION  PSD-gVCPS 


\ 


5.0  HARDWAEE  PERFORMANCE 

This  section  of  the  report  contains  the  results  of  the  hardware  per¬ 
formance  evaluated  during  ground  tests  and  compares  the  test  data  to  that  of 
the  design  requirements. 

The  hardware  was  evaluated  during  the  following  activities: 

•  Aircraft  control  system  ground  vibration  test 

•  Control  surface  actuator  dynamic  response  testing 

•  i^ydraulic  power  system  tests 

•  Evaluation  (Fly-By-Wire)  pilot  system  characteristics 

•  Stability  augmentation  system  tests  of  the  Baseline  SAS  and  LAMS-FCS 

5.1  Aircraft  Control  System  Ground  '/ibration  Test 

Major  modifications  to  the  flight  control  systems  were  accomplished 
during  the  LAIC  program.  A  ground  vibration  test  of  the  manual  control  sys¬ 
tems  was  required  to  obtain  experimental  data  for  comparison  with  that  used 
in  the  theoretical  analyses  to  verify  the  accuracy  of  the  analytical  res;ilts. 

5.1.1  Directional  and  Longitudinal  Control  Systems 

Test  data  obtained  from  a  similarly  configured  "cest  vehicle,  the 
ECP  1195  aircraft,  was  used  for  the  ludder  and  elevator  manual  control 
systems;  consequently,  no  ground  testing  was  accomplished  for  these  systems 
on  the  LAIC  vehicle.  The  data  for  these  systems  was  obtained  during  the 
ground  vibration  tests  of  References  I  and  2. 

Figures  6?  and  68  present  the  control  system  dynamic  response  ver¬ 
sus  "Q"  spring  pressure  for  the  rudder  and  elevator  control  systems 
respectively.  Results  of  the  control  systems,  with  the  evaluation  pilot 
(L.H.)  controls  removed  from  the  system  and  values  of  the  system  dynamics 
•used  in  the  tlieoretical  analyses  are  indicated  on  the  two  figures. 

The  control  surface  modes  of  vibration  versus  the  theoretical 
analyses  resvO-ts  are  as  follows; 

•  .Rudder  Torsion  !iode  (Test  =  21.4  cps  vs.  Theory  =  21„x  cps) 

•  Elevator  Torsion  Mode  (Tesb  =  29.8  cps  vs.  Theory  =  29.9  cps) 

5.1.2  Lateral  Control  System 

Ground  vibration  testing  of  the  powered  control  systems  on  the  wings 
was  conducted  to  establish  the  manual  aileron-spoiler  system  dynamic  charac¬ 
teristics. 

The  aircraft  was  restrained  to  minimize  the  coupling  be-b-reen  the 
airciaft  elastic  modes  aixd  the  control  system.  Instrumentation  consisted  of 
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DIRECTI^AL  MANUAL  (MONITOR  PILOT) 
CONTROL  SYSTEM  DYNAI'IICS 


position  indicators  and  accelercaieters  installed  at  appropriate  locations 
throughout  the  system. 

Testing  was  accooplished  in  four  parts: 

•  Vibration  of  the  aileron  againso  the  powered  actirator 

•  Actuation  of  the  aileiojn  through  the  mechanical  input  lever 

•  Oscillation  of  the  monitor  pilot  control  wheel 

•  Oscillation  of  the  monitor  pilot  control  wheel  with  the  spoiler  valve 
mechanical  input  disconnected 

The  results  of  the  above  testing  are  described  in  the  following 
pajragraphs. 

5. 1.2.1  Vibration  of  ..be  Aileron  /vgainst  the  Powered  Actiwtor 

An  electrodynaoic  shaker  was  attached  to  the  L.H,  aileron  appioodL- 
mately  27.5  inches  aft  of  the  hinge  line.  The  test  was  conducted  with  the 
shaker  on  einher  the  inboard  or  outboard  edges  of  the  aileron  with  no 
appreciable  change  in  the  dynamic  characteristics  noted  for  either  shaker 
location.  The  results  are  presented  in  the  inpedance  plot  of  Figure  69 
tad  summarized  below; 

®  Coipled  actuator,  structure,  arid  aileron  resonance  at  11.6  cps  with  a 
•vd-scoos  dancing  coefficient  equal  to -,12 

•  Aileron  Torsion  Mjde  (Test  =  38,5  <ps  vs.  Theory  =  39*0  cps) 

5.1. 2.2  Actuation  of  the  Aileron  Through  the  Mechanical  Input  Aim  (AMVIA) 

The  actuator  and  aileron  systems  were  oscillated  sinusoidally  by  an 
electrodynamic  shaker  attached  to  the  mechanical  inpizt  arm  (AMVIA)  on  the 
'ileron  actuator.  The  results  of  this  test  are  presented  in  Figure  70. 

!rhe  plot  cccpares  the  eitperimental  data  with  two  different  theoreti** 
transfer  functions  used  in  the  flutter  analyses.  The  analyses  with  either 
,'oretical  transfer  function  provided  a  satisfactory  aircraft  flutter  bound¬ 
ary  and  would  he  stable  using  the  e^qperimental  transfer  function. 

5. 1.2.3  Oscillation  of  the  Monitor  Pilot  Control  Wheel 

The  lateral  control  system  was  tested  by  attaching  an  electro- 
dynamic  shaker  to  a  bellcrank  which  replaced  the  control  wheel.  Figure  71 
presents  the  results  of  this  test.  The  manual  lateralsystem  exhibited  only 
one  resonance  at  approximately  5  <ps  which  is  associated  with  the  aileron 
actuator  feel  spring.  The  actuator  feel  spring  is  a  preloaded  spring  and 
exhihites  non-linear  characteristics  dependent  on  aniplitude.  The  theoretical 
sinalyses  predicted  the  system  frequency  at  this  an^litude  of  oscillation 
(±7,5  degress  of  wheel  displaceaent).  Also  noted  during  this  portion  of  the 
test  was  a  siwiler  panel-actuator  resonance  at  approximately  18  cps  as  veri¬ 
fied  from  previous  vibration  tests. 
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5. 1.2. 4  Oscillation  of  the  Monitor  Pilot  Control  Wheel 

With  the  Spoilers  Disconnected 

This  test  vfas  conducted  in  the  same  manner  as  the  test  in  paragraph 
5. 1.2, 3  and  aU.owed  sweeping  a  hroader  frequency  spectrum  with  larger  input 
anplitudes  beonuse  of  the  elimination  of  the  wing  st^iport  and  spoiler  reso¬ 
nances  in  the  to  30  cps  frequency  spectrum.  Figure  72  presents  the 
results  of  this  test  and  shows  that  the  R.H.  aileron  actuator  had  a  damping 
coefficient  (f)  equaJ.  to  approximately  .12  which  was  less  than  the  design 
requirements.  The  actuator  frequency  response  characteristics  were  noted  to 
be  very  sensitive  to  anplitude.  Consequently  the  aileron  actuators  were 
subsequently  modified  to  provide  a  higher  damping  coefficient  (f  =  .5).  The 
results  of  the  final  actuator  tests  are  presented  in  Section  5.2, 

5.2  hydraulic  Actuators 

The  electrical  authority  cud  maximum  rates  of  the  ailerons,  eleva¬ 
tors,  rudder  and  the  LAMS  spoiler  hydraulic  actuators  are  presented  in 
Figure  73.  Good  agreement  is  noted  between  the  predicted  and  esqperimental 
data  for  frequencies  below  5  cps.  The  ea^rimental  response  rate  above  5  cps 
is  less  than  predicted  because  of  the  actuator  characteristics  presented  in 
the  following  sections, 

5.2,1  Aileron  Actuator 

The  aileron  actuators  were  manufactured  by  Cadillac  Gage  Conpany  to 
Boeing  specifications,  Ihe  vendor  acccoplished  the  specified  flight- 
worthiness  testing.  Major  elements  of  this  testing  included  perfonaance, 
vibration  and  enduraince  tests.  The  test  specimen  conpleted  all  required 
testing  satisfeujtorily  without  major  incident. 

In  addition  to  the  acceptance  tests  performed  at  the  vendor's 
facility,  the  flight  hardware  weis  subjected  to  rigorous  perfoimance  tests 
while  installed  on  the  test  vehicle.  Figure  74  is  a  plot  of  the  closed  loop 
frequency  response,  The  actuator  response  was  not  within  the  design  band 
for  gain  at  frequencies  above  3.5  cps  and  phase  at  frequencies  above  4,5  cps. 

The  design  limits  were  theoretically  established  considering,  among 
other  factors,  structural  stiffness  of  the  attach  point  and  the  hulk  modulus 
of  the  hydraulic  fluid.  It  was  determined  on  the  mock-up  that  the  structural 
stiffhess  of  the  attach  point  and  the  bulk  modulus  were  less  than  predicted. 
Both  factors  tend  to  reduce  both  the  natural  frequency  of  the  actuator  system 
and  damping  z'atio.  To  counteract  the  reduction  in  dating  ratio,  it  was 
necessary  to  increase  the  force  feedback  gain;  this  change  further  reduced 
the  natural  frequency.  Thus,  the  natural  fre^ency  of  the  final  system 
installation  was  approximately  5  cps  instead  of  the  desired  20  qps.  This 
reduced  natural  frequency  was  judged  acceptable  fcr  LAMS  usage  because  the 
highest  frequency  mode  which  the  aileron  controls  is  epproximately  4  cps. 

Figure  75  indicates  that  the  cspen  locp  frequency  response  for  the 
auxiliary  actuator  was  within  the  design  limits.  The  aileron  szirface  response 
to  a  one  degree  step  input  is  shown  in  Figure  76.  Figure  77  is  a  hysteresis 
plot  and  shows  a  maximum  dead  zone  of  approximately  .10  degree  which  pro^ 
vides  adequate  siria.ll.  iiput  actuator  response  characteristics. 
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5.2.2  LAMS -PCS  Spoiler  Actuator 

The  LAMS-FCS  spoiler  actuators  were  assembled  by  Hie  Boeing  Coeapaxiy. 
The  assembly  includes  a  liydraulic  actuator,  hydraulic  manifold,  Moog  o^unro- 
valve,  and  position  feedback  potentiometer.  The  hydraulic  actuators  used 
were  the  original  spoiler  system  components.  Extensive  performance  tests  of 
the  assembly  were  performed  in  the  laboratory  on  an  cperational  mockup  and 
with  the  actuator  installed  on  the  test  vehicle. 

The  performance  of  the  actuator  at  panel  nirnber  1  is  considered 
representatiii'e  of  the  LAMS  spoiler  system.  Figiu'e  78  shows  the  closed  locp 
frequency  response  of  the  actuator  installed  on  the  aircraft.  Figure  79 
shows  the  LA^B  spoiler  actuator  ram  position  in  response  to  a  one  degree 
step  input  signal  and  Figure  80  shows  that  the  luiit  has  virtually  zero  hys¬ 
teresis. 


5.2.3  Spoiler  Actuator  (integrafc'^d  Spoiler  Ser\'-o  Valve) 

The  integrated  spoiler  servo  valves  were  manufactured  by  the 
Cadillac  Gage  Company  to  Boeing  specifications.  As  in  the  case  of  the  aile¬ 
ron  actuators,  the  vendor  accomplished  the  required  flight-worthiness  test¬ 
ing,  Tlie  test  spec5jnen  conpleted  all  required  testing  satisfactorily  without 
major  incident. 

In  addition  to  the  acceptance  tests  accomplished  by  the  vendor, 
limited  performance  tests  were  also  accomplished.  Figure  8l  is  representa¬ 
tive  of  the  open  loop  frequency  response  of  the  auxiliary  actuator.  It  is 
important  to  note  that  when  the  system  concept  was  revised  (that  is  using 
only  the  two  outboard  spoiler  panels  for  LA>E-FCS  signaJs),  the  requirement 
for  high  frequency  response  from  the  integrated  spoiler  val’/es  vras  relaxed. 
These  servo  valves  were  required  to  accept  only  fly-by-wire  pilot  commands 
and  airbrake  coimnands, 

5.2.4  Rudder  Actuator 

The  rudder  actuator  was  manufactured  by  Weston  I^ndraulics  to  Boeing 
specification.  Since  this  unit,  with  the  exception  of  minor  mechanical 
details,  was  mechanically  and  fiuictioneilly  identical  to  previoixsly  flight 
qualified  luiits,  duplication  of  flight  worthiness  testing  was  not  required. 
The  unit  was  subjected  to  acceptance  -^ests  by  the  vendor  and  comprehensive 
performance  testing  after  installs'  "n  the  aircraft. 

Figure  82  is  typical  of  thv.  *  «2d  loop  frequency  response  of  the 
unit.  The  gain  of  the  actuator  was  n  tthin  desired  limits  at  frequencies 
above  3  cps  and  phase  at  frequencies  above  10  cps.  The  gedn  outside  the 
required  envelope  at  frequencies  over  3  cps  was  due  to  both  channels  of  the 
servo  actuator  being  used  during  flight  operation.  Combined  dynamic  effects 
of  the  servo  actuators  and  demodulators  resulted  in  more  actuator  authority 
than  was  initially  reqxxired  at  frequencies  over  1  cps.  Figure  82  shows  that 
the  natural  frequency  of  the  system  was  approximately  15  cps  rather  than 
20  cps  predicted.  This  was  due  to  a  lower  stiffness  than  predicted  at  the 
actuator  attach  point  and  a  lower  than  predicted  hydraulic  oil  ‘bulk  modulus. 
The  SAS  rudder  controls  elastic  modes  below  1  cps  and  response  is  attenuated 
electrically  at  higher  frequencies.  Therefore,  system  performance  was  not 
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HUDDER  ACTUATOR  FREQUENCY  RESPC»fSE 


affected  by  the  higher  bandwidth  and  performance  nroved  adequate  for  the 
LA^B  program. 

Figure  83  shows  response  of  the  siarface  to  a  one  degree  electrical 
step  input  and  Figure  84  that  the  unit  has  approximately  ,125  degrees  of 
hysteresis  for  small  Inputs,  The  data  for  the  preceding  figures  were  record¬ 
ed  with  the  actuator  installed  in  the  aircraft  at  the  conclusion  of  the 
flight  program. 

5.2.5  Elevator  Actuator 

The  elevator  actuators  were  manufactured  by  Weston  Hydraulics  to 
Boeing  specification.  As  was  the  case  of  the  rudder  actuator,  the  units 
were  essentially  identical  to  previously  qualified  flight  units. 

Figure  85  shows  the  closed  loop  frequency  response  of  the  elevator 
actuator  while  installed  in  the  aircraft.  Gain  and  phase  for  the  elevator 
actuator  were  within  design  limits  over  its  operating  range.  Figure  86 
shows  the  response  of  the  surface  to  a  one  degree  electrical  step  input  and 
Figure  8?  shows  that  actuator  has  less  than  .10  degrees  of  hysteresis  for 
small  inputs. 

5.r  Iferdravilic  Power  System  Performance 

An  analysis  of  the  existing  hydraulic  power  systems  revealed  that 
available  power  of  each  hydravilic  system  would  have  to  be  increased  for  peaJc 
demands  and  that  two  new  systems  would  be  required  in  the  aft  body  of  the 
aircraft  to  provide  power  to  the  new  powered  actuation  systems, 

5.3.1  Roll  Axis  Ifydraulic  Power  Systems 

Hydraulic  power  for  actiiating  the  spoilers  and  ailerons  is  provided 
by  six  separate,  existing  hydraulic  systems.  The  primary  soiirce  of  power 
for  each  system  is  an  engine  driven  pun^).  Increasing  flow  in  these  systems 
was  accomplished  by  rep].acing  the  existing  stand-by  pumps  with  larger 
auxiliary  motor-pvmp  asseiablies. 

The  spoiler  system  motor-pimps  are  "off  the  shelf"  assemblies  from 
the  ABEX  Coitpany,  Each  punp  has  a  3.8  GPM  flow  rating  and  is  the  rotating 
cylinder  barrel  and  piston  type,  driven  through  a  pivoting  hanger  with  an 
inclined  camface.  The  pump  is  driven  by  a  Westinghouse  (7.5  H.P,),  400  cps 
electric  motor  ro eating  at  12,000  RPM.  The  aileron  system  pump  assemblies 
were  manufactured  to  a  Boeing  Specification  by  New  York  Airbrake  Company. 

Each  pimp  has  a  6  GPM  flow  rating  and  is  a  variable  delivery,  axial  piston 
type  with  integral  pressuj.’e  regulation  and  flow  control.  Pistons  reciprocate 
within  a  fixed  block  and  fluid  is  discharged  through  individual  check  valves 
with  pumping  action  being  accomplished  by  a  "wobble  plate".  A  General 
Electric  (12  H.P.)  400  cps  electric  motor  rotating  at  7750  RMP  provides  pump 
power . 


5.3.2  Rudder- Elevator  Itydraulic  Power  System 

Hydraulic  power  for  actuating  the  rudder-elevator  system  is  provided 
by  a  dual  hydraulic  system.  Each  system  provides  half  the  power  to  operate 
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each  of  the  actuators  in  the  rudder-elevator  system. 

The  pump  assemblies  are  manvifactured  to  a  Boeing  Specification  by 
The  New  York  Airbrake  Conpany.  Each  punp  has  a  6  GPM  flow  rating  and  is 
variable  delivery  axial  piston  type  with  integral  pressure  regulation  and 
flow  control.  Pistons  reciprocate  within  a  fixed  block  and  fluid  is  dis¬ 
charged  through  individual  check  valves.  Piston  punping  action  is  accom¬ 
plished  by  a.  "wobble  plate",  A  General  Electric  (12  H.P.)  400  cps  electric 
motor  rotating  at  7750  BMP  nominal  provides  punp  power. 

Each  system  has  a  self  pressurizing,  air-less  reservoir  and  an 
integi’al  manifold  containing  filters,  relief  valves,  press\are  switches,  and 
attach  ports, 

A  steindby  source  of  hydratilic  power  is  provided  by  a  hydraulic 
motor  driven  punp  (transformer).  The  transformer  assemblies  are  manufac¬ 
tured  by  the  ABEX  Conpany  to  a  Boeing  Specification,  Each  punp  has  a  2  GPM 
flow  rating  and  consists  of  a  hydraulic  motor  mechanically  driving  a  hydrau¬ 
lic  punp.  The  motor  and  punp  are  of  the  same  type,  a  rotating  cylinder 
barrel  and  piston,  driven  through  a  pivotirig  hanger  with  an  inclined  camface. 
The  hsrdraulic  motor  receives  power  from  the  R.H.  body-aileron  system  and 
mechanically  transmits  this  energy  to  one  enpennage  system.  Transformer 
power  is  transmitted  only  if  low  pressure  is  sensed  in  the  enpennage  system, 
either  through  system  failure  or  transient  peak  demands  from  the  elevator- 
rudder  system, 

5.3.3  LAMS  Ifydravilic  Power  System  Testing 

New  conponents  of  the  modified  hydraulic  systems  received  and 
passed  the  flight-worthiness  qualification  tests  outlined  in  the  Boeing 
Specifications.  In  the  case  of  "off  the  shelf  hardware",  existing  qualifi¬ 
cation  data  was  reviewed  aind  accepteince  was  granted  through  test  data 
similarity  to  the  B-52  reqiiirements. 

All  hydravilic  conponents  successfully  passed  acceptance  tests  prior 
to  installation  on  the  aircraft.  Each  hydraulic  system  was  ground  tested  and 
satisfactorily  fulfilled  the  requirements. 

Instrumentation  was  installed  at  selected  points  in  the  modified 
and  new  hydraulic  systems  to  sense  pressure,  tenperature,  and  flow.  The 
system  performed  satisfactorily  during  the  flight  test  program. 

5,4  Evaluation  Pilot  Feel  System 

The  evaluation  pilot  controls  (the  left  seat  of  the  LAMS  test 
vehicle)  are  not  connected  to  the  normal  aircraft  control  cable  and  feel 
system,  but  are  connected  to  springs  for  centering  and  force  gradient. 
Position  potentiometers  provide  electrical  indication  of  the  position  of  the 
controls  to  command  the  aircrsift  through  fly-by-wire  means. 

The  centering  and  force  gradients  of  the  controls  in  each  axis  were 
adjusted  to  simulate  the  actual  values  of  existing  aircraft  cable  control 
systems  at  the  best  flight  condition.  Figures  85,  86,  and  87  reflect  the 
test  vehicles  gradients  and  the  force  adjxistment  envelope  available  on  the 
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test  vehicle.  The  inherent  cable  system  friction  was  not  duplicated  eind 
consequently  an  oscillation  is  apparent  in  the  wheel  and  pedal  movement 
around  center.  The  column  was  provided  am  eddy  cuiTent  damper  which  pro¬ 
vides  dynamic  damping. 

The  dynamic  cycling  apparent  on  the  wheel  and  rudder  pedals  would 
cause  a  deterious  effect  on  the  test  vehicle  through  electrical  input  sig¬ 
nals  to  the  wide  band  actuation  systems.  To  prevent  wheel  and  pedal  induced 
oscillations,  first  order  electrical  filters  have  been  added  to  the  roll  and 
yaw  fly-by-wire  signals  on  the  analog  computer  which  attenuate  the  signal 
12  db  at  6.3  cps. 

5. 5  Electrical  Equipment 

The  electrical  equipment  includes  the  monitor  system,  analog  com¬ 
puters,  and  the  function  generator.  The  monitor  system  consists  of  the 
safety  monitor  and  data  monitoring  equipment,  the  indicators,  oscilloscope, 
oscillograph,  and  digital  voltmeter. 

5.5«1  Monitor  System 

The  safesy  monitor  system  presented  no  apparent  problems  during 
grotind  testing;  however,  during  the  first  flight  the  system  was  subjected 
to  numerous  nviisance  disengagements.  These  disengagements  were  attributed 
to  two  factors:  low  signal  limits  on  several  structural  acceleration 
monitors,  and  high  frequency  electrical  transients.  Subsequently,  gain 
changes  were  made  in  the  stmctural  acceleration  monitor  modules  and  a  first 
order  low  pass  filter  was  aidded  to  all  safety  mord.tor  modules  to  reduce 
nuisance  disengagements. 

Seven  special  indicators  were  installed  at  the  pilot  station.  The 
column  and  rudder  pedal  force  indicators  and  aileron  and  rudder  position 
iridicators  operated  satisfactorily.  The  indicators  initially  chosen  for 
elevator  position,  normal  acceleration  at  the  aircraft  c.g. ,  and  sideslip 
were  so  heavily  dan^jed  that  they  proved  imsatisfactory  in  flight  and  were 
replaced  by  instruments  with  less  damping. 

The  aft  fuselage  electronics  rack  temperature  indicator  was  cali¬ 
brated  to  120°  F  and  for  certain  transient  speed  conditions  this  temperature 
was  exceeded  during  an  early  flight.  Since  the  equipment  can  operate  at 
temperatures  in  excess  of  3.20*^  for  short  periods  of  time  without  damage,  two 
additional  tenperature  sensors  which  actmte  warning  lights  at  the  flight 
engineers  station  were  Installed.  These  tenperature  switches  were  set  at 
150°F  and  were  located  on  the  upper  and  lower  corners  of  the  electronics  rack. 
The  150‘’F  tenperatiare  level  provided  the  required  indication  to  identify  an 
electronic  rack  overheat  condition. 

Three  items  of  equipment  for  inflight  and  ground  checkout  data 
jaonitoring  were  provided  for  the  flight  engineer:  a  two  channel  oscillo¬ 
scope,  the  cccputer  digital  voltmeter  with  selecbable  signal  inputs,  and  the 
’’ quick  look"  oscillograph.  The  dual  trace  oscilloscope  and  digital  voltmeter 
signal  selection  and  readout  capability  provided  on-line  data  to  evaluate  the 
control  system  status.  All  signals  available  at  the  interpatch  panel  were 
accessible  for  display  on  the  oscilloscope  and/or  digital  voltmeter  through 


the  switching  panel  prcr/lded.  The  oscillograph  had  an  adequate  signal  selec 
tion  since  73  combinations  of  signals  were  available  using  the  switch  panel. 
However,  the  signal  gain  scaling  restricted  usefulness  of  the  oscillograph. 
Only  two  gain  scaling  switch  selections  were  available;  10  volts/inch  and 
5  volts/inch, 

5.5.2  Analog  Compiters 

One  of  the  EAT  TR-48  analog  computers  was  vibration  tested  at  the 
EAI  testing  laboratory  to  verify  that  the  ccnputer  would  perform  satisfac¬ 
torily  in  the  B-52  environment.  The  casputer  was  mounted  in  an  isolation 
frame  and  sinusoidally  vibrated  at  frequencies  of  5  to  13  cps  at  0.20 
inch  peak  to  peak  euid  at  0.5  g*s  from  13  cps  to  300  cps,  A  15  minute  fre¬ 
quency  sweep  through  the  frequency  envelope  was  acconplished  in  each  of  the 
three  computer  axes.  As  resonant  frequencies  occurred,  these  frequencies 
were  held  so  that  affected  coiaputer  components  could  be  located  and  observed 
to  verify  that  no  damage  would  resxilt.  Foam  material  and  padding  were 
installed  as  required  to  reduce  component  acoustic  excitation.  During  the 
entire  test  the  conputer  was  operating.  A  program  was  "patched"  on  the 
computer  so  that  operation  of  all  modules  could  be  observed.  The  conputer 
operated  satisfactorily  during  vibration  and  no  major  discrepancies  were 
noted. 


Duririg  ihe  flight  test  no  major  problems  occurred  in  the  coijputer 
component  modules.  However,  several  urpotted  computer  potentiometer  wires 
located  on  the  cenputer  right  door  panel  failed  during  the  flight  test  pro¬ 
gram.  These  broken  wires  were  easily  detected  and  repaired  as  required.  No 
simple  method  of  support  was  found  to  prevent  such  failures, 

5.5.3  Function  Generator 

The  function  generator  supplies  sine,  rasp,  triangular,  and  square 
wave  output  signals  over  a  range  of  0,005  cps  to  one  megacycle  and  allows 
selection  of  y,  1,  2,  3,  cycles  or  free  run  operation.  Figure  Qi  shows 
a  y  cycle  and  a  1  cycle  sine  wave  function  generator  output.  The  §  cycle 
sine  wave  output  signal  exhibited  a  peak  overshoot  of  32  percent  at  signal 
cutoff  due  to  low  voltage  diode  characteristics.  The  short  time  duration 
prevented  the  overshoot  from  causing  any  problem  in  use. 

5.6  Baseline 

The  Baseline  SAS  was  synthesized  in  accordance  with  the  block 
diagrams  presented  in  Section  3.5  using  the  forward  computer  patch  board  at 
the  Flight  Engineer's  Station.  The  ground  test  functional  checkout  consisted 
of  applying  a  simulated  rate  gyro  signal  into  each  SAS  channel  (pitch,  roll 
and  yaw).  The  sinusoidal  rate  gyro  output  was  simulated  by  a  Weston,  Boon- 
shaft  and  Fuchs  Transfer  Function  Analyzer  and  the  system  output  response 
(control  surface  position)  was  fed  beick  to  the  analyzer  for  gain  and  phase 
measurements . 

The  functional  test  was  run  for  all  three  flight  conditions.  Since 
electrical  filtering  does  not  change  and  only  a  gain  change  occurs  between 
flight  conditions,  data  for  flight  condition  two  (the  maximum  gain  condition) 
is  shewn  and  is  typical  of  all  conditions. 
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FUNCTION  GENERATOR  SINE  WAVE  OUTPUT 


5.6.1  Longitudinal  Axis 

The  longitudinal  axis  was  tested  simulating  the  pitch  rate  gyro 
response  at  B.S.  820.  The  results  of  the  elevator  deflection  response  with 
respect  to  the  pitch  rate  signeQ.  are  presented  on  Figure  92 j  and  shew  g<X)d 
agreement  with  the  theoretical  requirements  in  the  frequency  band  below 
3  cps.  The  gain  disagreement  above  3  cps  is  not  significant  because  the 
system  response  at  these  frequencies  is  well  attenuated. 

5.6.2  Lateral-Directional  Axis 

The  lateral  axis  was  tested  simulating  the  roll  rate  gyro  response 
at  B.S.  820.  The  results  of  the  aileron  position  response  with  respect  to 
the  roll  rate  signal  are  presented  on  Figure  93,  and  show  good  agreement  at 
frequencies  below  3  cps.  The  disagreement  between  experiment  and  theory  is 
not  significant  above  3  cps  because  the  system  response  aaqjlitude  is  well 
attenuated  for  higher  frequencies. 

The  directional  axis  was  tested  simulating  the  yaw  rate  gyro 
response  at  B.S.  616.  The  restilts  of  the  rudder  deflection  response  with 
respect  to  the  yaw  rate  signal  are  presented  on  Figure  94 »  and  show  excellent 
eigreement  with  the  theoretical  requirement  throughout  the  frequency  spectrum 
tested. 

5.7  LAMS-FCS  Hardware 

5.7.1  LAMS  Computer  Performance 

To  check  the  functional  perfoimance  of  the  LAIC-FCS  conpiter,  end- 
to-end  frequency  responses  for  the  13  independent  signal  paths  were  run. 

Since  the  functional  testing  of  the  cosnputer  was  performed  before  the 
equipment  was  installed  In  the  aircraft  the  resulting  frequency  responses 
do  not  include  the  actuator  or  control  surface  dynamics,  A  sinusoidal  rate 
gyro  output  was  simulated  by  a  Weston,  Boonshaft  and  Fuchs  Transfer  Function 
Analyzer  and  the  output  of  the  cooputer  (commeind  signsLL  to  servo  amplifier) 
was  fed  back  into  the  analyzer  for  gain  and  phase  measurement. 

Ihe  functional  test  was  nui  for  all  three  flight  conditions.  How¬ 
ever,  since  electrical  filtering  is  constant  and  only  gain  changes  from  one 
flight  condition  to  another,  data  for  only  one  flight  condition  is  presented 
and  is  typical  of  all. 

Figures  95  through  107,  show  the  results  of  this  functional  testing. 
The  theoretical  values  are  shown  plotted  in  a  solid  line  and  the  test  values 
as  points.  The  LAMS  computer  design  specification  states  that  1  gains  shall 
be  within  ±  I*"  percent  of  nominal  and  all  phases  within  t  7  degrees  of  nominal 
except  where  specified  otherwise.  Ihese  exceptions  are  at  the  various  channel 
notch  frequencies  in  the  system.  The  tests  were  within  all  stated  specifi¬ 
cations  . 

5.7.2  Longitudinal  Axis 

Locations  of  the  four  rate  gyros  used  in  the  pitch  axis  are  shown 
in  Figure  13.  There  arc  two  roll  rate  gyros,  one  located,  in  each  wing.  These 
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two  gyro  signals  were  gain  adjusted  and  sunined  into  a  single  signal.  However, 
three  independent  channels  were  evaltoated  since  this  single  gyz-o  signal  is 
routed  to  the  elevators,  ailerons,  and  spoilers,  operating  symnetrically. 

The  forward  and  aft  body  rate  gyro  signals  also  go  to  all  three  control  sur¬ 
faces  req\iiring  three  independent  channels  to  be  evaluated  for  each  gyro. 

The  evaluation  pilot  column  to  elevator  channel  has  a  first  order  roll  off 
to  filter  high  frequency  inputs  and  is  tested  as  a  separate  channel.  Fig¬ 
ures  95  through  104  present  the  functional  test  results  for  the  pitch  aads 
channels . 


5.7.3  Lateral-Directional  Axis 

The  sioc  yaw  and  roll  rate  gyro  locations  for  the  lateral-directional 
axis  are  shown  in  Figui’e  13.  The  yeaw  axis  has  one  channel  from  the  yaw  rate 
gyro  located  at  B.S.  695  to  the  rudder.  The  results  of  the  yaw  axis  testing 
are  plotted  in  Figure  102,  The  roll,  axis  has  two  roll  rate  gyros,  one  neicu:' 
the  c.g.  and  onein  the  aft  body,  and  tluree  yaw  rate  gyros,  one  in  the  for¬ 
ward  fuselage  and  two  in  the  ait  fuselage.  The  five  roll  axis  rate  gyro 
signals  are  gain  adjusted  and  summed  into  a  single  channel  to  drive  the 
ailerons  antisymmetrically.  An  evaluation  pilot  wheel  to  aileron  sigaal  is 
filtered  similar  to  the  evaluation  pilot  column  signal  and  is  tested  as  a 
separate  channel.  The  roll  axis  results  are  shown  in  Figures  i03  and  10\^, 

5.8  System  Checkout 

When  the  ai.r craft  modification  was  ccniplete  and  the  aircraft  was 
ready  for  flight,  extensive  functional  testing  was  performed  to  assure  the 
proper  operation  of  the  electrical  ana  hydraxillc  equipment.  Additional, 
between  flight  testing  was  accoinplished  to  ins\ire  that  any  random  or  flight 
produced  system  deteriation  or  failures  would  be  discovered  and  repaired 
before  subsequent  flights.  Two  system  checkouts  were  perfomed  before  each 
flight.  Preflight  checkouts  were  acccoplished  the  day  before  e&Sh  flight 
and  thoroughly  checked  the  LAMS  equipment.  Prior  to  flight  checkout  was  done 
immediately  prior  to  take-off  and  rechecked  all  system  cooponents  on  an  end- 
to-end  bsisis.  A  detailed  proced\ire  for  preflight  and  prior  to  fli^t  check¬ 
out  is  documented  in  Reference  3. 

In  preflight  checkout  the  LAMS  suitcase  tester  was  used  for  checking 
the  LAMS-FCS.  The  tester  made  it  possible  to  monitor  output  signals  frco  the 
LAMS  ccraputer  and  man’'-  intermediate  signals  in  each  channel  and  to  check  and 
adjust  power  siqjplies.  Loop  isolation  switches  provided  isolation  of  each 
channel  for  trouble  shooting.  Data  frcan  the  preflight  checkouts  was  I'scord- 
ed  for  each  flight. 

5.8,1  Prefl-ight  Checkout 

Sei/eral  interpatch  boards  and  analog  coo^puter  boards  were  aboard 
the  aircraft.  Therefore,  each  board  was  numbered  and  a  check  made  to  insure 
that  the  proper  boards  were  installed  for  flight  and/or  ground  testing.  The 
procedure  fo3-lowed  to  accomplish  the  prefliglit  checks  is  presented  in  the 
following  paragraphs. 

The  interface  electronics  modules  located  above  th«  analog  coei^ter 
and  in  the  aft  fuselage  were  inspected  to  insure  proper  installation. 
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FREQUENCY 


^iS-FCS  OPEN  LOOP  PREQUENCY  RESPONSE  -  AILERON  TO  EVALUATION  PILOT  VJHEEL 


.V 


TiTie  power  svq?plj.se  were  monitored  on  the  analog  computer  DVM.  The 
power  supplies  were  required  to  be  within  1  to  2  percent. 

The  function  generator  was  checked  for  waveform,  number  of  cycles, 
amplitude,  and  frequency,  using  the  oscilloscope.  Wiring  continuity  from 
the  function  generator  to  each  control  sitrface  auxiliary  actuator  was 
verified. 

The  two  juialog  conputers  are  slaved  together  and  either  computer  can 
be  used  as  the  master  tmit  at  the  discretion  of  the  flight  engineer.  The 
slave  mode  for  each  computer  ^ms  checked. 

The  safety  mon3.tor  conparators  and  lights  were  checked.  This  was 
acccnplished  by  engaging  a  svrLtch  which  puts  a  large  voltage  on  each  ccsn- 
parator  and  trips  the  disengage  switch  causing  n-Tl  the  safety  monitor  liglits 
to  illuminate. 

G-llmits  for  normal  acceleration  at  the  aircraft  c.g.  can  be  set  by 
a  switch  on  the  aisle  stand  between  the  pilots  and  is  part  of  the  safety 
monitor.  G-limit  values  were  checked  and  system  disengagement,  when  G-limits 
were  exceeded,  was  verified.  All  other  accelerometers,  which  are  part  of  the 
safety  monitor,  were  torqued  to  verify  that  the  safety  monitor  disengaged  the 
system  at  proper  acceleration  limits.  Nulls  for  these  accelerometers  were 
checked  sind  accelerometer  signals  were  renulled  as  required. 

Rate  gyro  motor  speeds  were  checked  for  all  rate  gyros  used  in  the 
Baseline  SAS  and  LAIS-FCS,  Null  outputs  from  these  rate  gyros  were  checked 
and  the  signals  were  renulled  as  required. 

Monitor  pilot  controls  were  checked  by  verifying  that  all  control 
surfaces  were  in  a  neutral  position  when  the  monitor  pilot  controls  were  in 
a  neutral  position  and  that  full  surface  deflection  was  attained  for  full 
monitor  pilot  control  inputs  in  each  axis.  Evaluation  pilot  signals  were 
nulled  and  the  control  surface  nulls  were  checked  with  the  fly-by-wire 
system  engaged.  Evaluation  pilot  input  to  control  surface  output  gains  were 
checked  in  each  axis. 

The  Baseline  SAS  and  LAMS-FCS  were  checked  by  obtaining  a  frequency 
response  at  four  frequencies  for  the  Baseline  SAS  and  for  the  rudder  and 
elevator  channels  of  the  LA^E-FCS.  Five  frequencies  were  sampled  for  the 
LAMS-FCS  ailleron  and  spoiler  channels.  These  channels  are  the  same  as  those 
described  in  the  functioneil  test  of  the  LA^B-FCS  in  Section  5.7  except  that 
frequency  responses  were  not  run  for  the  evaluation  pilot  controls. 

In  addition,  each  rate  gyro  is  torqued  to  provide  st^  input 
responses  for  each  axis  of  the  Baseline  SAS  and  each  channel  of  the  LAtB-FCS, 
This  provides  an  additional  check  on  system  phasing  and  SAS  circuit  wiring 
cOTtinuity  as  well  as  checking. the  rate  gyro  torquing  circuits.  Proper 
operation  of  the  torqiiing  circuits  was  verified  because  they  are  required 
during  the  prior  to  flight  checkout  and  as  aids  in  "trouble  shooting",  if 
problems  should  occur  during  flight. 
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5.8,2  Prior  to  Flight  Checkout 


The  prior  to  flight  checkout  is  acccanplished  shortly  before  take-off 
and  is  done  with  the  aircral't  engines  running  and  the  crew  on  board. 

A  check  is  made  to  insure  that  the  proper  interpatch  panel  board  and 
analog  ccsoputer  boards  are  installed  and  that  all  the  LAJ6  system  switches  at 
the  pilot  station  and  flight  engineer  station  are  positioned  prc^)erly.  Power 
supplies  are  checked  to  ins\are  that  all  are  within  operating  tolerance. 

The  interlock  system  is  checked  to  assure  that  all  system  status 
lights  and  switches  operate  prqperly.  The  safety  monitor  system  comparators 
and  indicator  lights  are  checked  to  verify  that  any  exceeded  limit  will  cause 
the  system  to  disengage. 

The  evaluation  pilot  controls  are  checked  to  insure  that  all  control 
surfaces  move  in  the  right  direction  and  that  the  evaluation  pilot  has  full 
authority  for  all  control  surfaces.  The  monitor  pilot  controls  are  checked 
during  the  handbook  prior-to-flight  checkouts. 

The  Baseline  SAS  and  the  LAMS-FCS  configurations  are  checked  by 
torquing  each  gyro  and  verifying  that  each  control  surface  moves  in  the  pro¬ 
per  direction. 
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6.0 


CONCLUSIONS 


The  conclusions  are  presented  in  two  parts.  The  first  part  refers 
to  the  total  LAI®  program  effort  as  docionehted  in  four  volumes.  The  second 
part  deals  with  the  conclusions  obtained  from  the  ground  and  flight  test 
demonstration  analysis  presented  in  the  foregoing  material. 

6.1  Conclusions,  LAMS  Program 

Contemporary  analysis  and  synthesis  techniques  were  successfully 
applied  in  the  Load  Alleviation  and  Mode  Stabilization  (LAMS)  program  to  a 
B-52  test  vehicle.  Using  these  techniques,  an  operable  flight  control 
system  (FCS)  was  defined  and  produced  in  hardware.  The  LAMS-FCS  successfully 
controlled  selected  structural  modes  and  alleviated  gust  loads  due  to  tur¬ 
bulence  during  flight  demonstration. 

Similar  techniques  were  analytically  applied  to  a  low  altl'^'ide  and 
high  speed  flight  condition  for  the  C-5A  aircraft.  Significant  reductions 
in  fatigue  damage  rates  and  fuselage  accelerations  were  predicted. 

6.2  Conclusions,  LAMS  B-52  Flight  Demonstration 
6.2,].  Aircraft  Configuration 

Modifications  to  NB-52E,  AF56-632,  provided  an  tiequate  test  veh¬ 
icle  for  demonstrating  the  LAMS  system  concepts. 

6.2.2  LAMS  Flight  Control  System  (PCS) 

The  LAMS-FCS  was  adequate  to  demonstrate  the  LAI®  concept  functions. 
Hardware  flexibility  was  included  in  design  of  the  flight  control  wMch  per¬ 
mitted  minor  modifications  required  in  flight  demonstration. 

6.2.3  System  Ground  Test  Evaluations 

The  system  ground  testing  accomplished  during  this  program  confirm¬ 
ed  the  theoretical  design  analyses  and  provided  basis  for  proceeding  into 
the  flight  phase  of  the  program. 

6.2.4  Plight  Demonstration 

6. 2.4.1  Stability 

The  LA^6  test  vehicle  with  powered  controls  with  or  without  the 
Baseline  SAS  has  an  adequate  flutter  boundary.  The  aircraft  with  the 
LAMS-FCS  has  an  adequate  flutter  boundary  at  design  conditions. 

6. 2. 4. 2  Airframe  Response  Testing 

A  method  of  introducing  repeatable  sinewave  and  step  function 
transients  into  the  control  siirfaces  at  selected  frequencies  and  amplitudes 
was  used  in  confirming  fiuictional  operation  of  the  control  systems.  Data 
derived  from  transient  testing  was  reoiilred  to  define  cpsn  and  closed  loop 
responses  of  the  edrcraft  and  system. 


6, 2. 4. 3  Performance 


The  control  siarface  authority  and  effectiveness  data  obtained  during 
the  test  agreed  well  with  the  predicted  analyticsQ.  values. 

Handling  q\ialities  performance  was  retained  while  improving  struc¬ 
tural  performance. 

Repeatable  test  res\ilts  were  obtained  using  statistical  data  reduc¬ 
tion  methods  to  evaluate  the  control  system  performance  during  flight  through 
a  turbulence  environment.  The  LAI^B-FCS  provided  reductions  in  stress  and 
fatigue  damage  rates  equal  to  or  greater  than  that  predicted  by  the  analyses. 
Also,  the  ride  qualities  with  the  LAMS  engaged  was  as  predicted  by  the  anal¬ 
yses. 

The  LAMS-FCS,  one  of  a  family  of  controllers  that  could  be  proposed 
meets  the  design  and  performance  criteria. 
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Air  Force  Plight  Dynaalcs  Laboratory 
Wrlght-Patterson  APB,  Ohio  65433 


The  Load  Alleviation  and  Mode  Stabilization  (LAMS)  prograa  was  conducted  to  detwn- 
strate  the  capabilities  of  an  advanced  flight  control  systea  to  alleviate  gust  loads 
and  control  structural  nodes  on  a  large  flexible  aircraft  using  exist 'ng  oerodynaalc 
control  surfaces  as  force  producers. 

The  snalyals,  design,  and  flight  deaonstration  of  the  flight  control  systea  was 
directed  toward  three  discrete  flight  conditions  contained  In  a  hypothetical  nlsslor' 
profile  of  a  B-52E  aircraft.  The  PCS  was  designed  to  alleviate  structural  loads 
while  flying  through  randos  ataKJspheric  turbulence. 

The  B-52  LAMS-PCS  was  produced  aa  hardware  and  installed  on  8-52B,  AF56-63.2.  The 
test  vehicle  nodlflcatlon  included  the  addition  of  hydraulically  powered  ro.itrols, 
a  fly-by-wlre  (FEW)  pilot  station,  associated  electronics  and  analog  cosputers  st 
the  boHOardler-navlgator  station,  instrunentatlon  for  systaa  evaluation,  and  the 
LAKS  flight  controller. 

A  flight  doaonstratlon  of  the  B-52  LAHS-FCS  was  conducted  to  provide  a  coaparlson 
of  experluental  to  analytical  data.  The  results  obtained  during  the  LAMS  progroa 
showed  that  the  LAKS-FCS  provided  significant  reduction  in  fatigue  damage  rates 
slallar  to  chat  predicted. 

In  addition  Co  the  above,  a  LAMS  C-5A  study  was  included  in  the  program.  This 
portion  of  the  program  was  to  analytically  demonstrate  that  the  technology  developed 
for  the  B-52  would  be  applied  to  another  aircraft.  The  C-5A  study  was  conducted  for 
viub  flight  COuditiOu  cO'^taiiieU  iu  tit«.  C  5A  aiSaivu  pi  ..(lie  aua  preu^cteo 
reductions  in  fatigue  daaiage  rates  and  fuselage  accelerations. 


